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ABSTRACT

After the images from the Galileo mission were analyzed, they showed evidence that Jupiter’s
moon Europa could potentially be shelter to some form of life.  The images showed cracks,
ridges, discolorations, and also how young the moon’s surface was.  From this it was gathered
that there may be an ocean hiding beneath the icy crust of Europa’s surface.  This ocean is
possible due to tidal flexing caused by the gravitational forces of its neighbors which squeeze
Europa causing it to heat up.  Hydrothermal vents could be on the ocean floor which would be a
likely place for life similar to situations here on Earth.  In an effort to analyze Europa more
closely, the Europa Jupiter System Mission (EJSM) is being planned to send the Jupiter Europa
Orbiter (JEO) to further explore and collect data about this interesting moon.  The JEO will use
ice penetrating radar to map the distribution of water both in and underneath the surface  ̧IR
spectroscopy to evaluate the composition and chemistry of the surface, and also imaging to
search for potential landing spots or hot spots.  Extending this mission further, the Europa
Lander Probe design team will be sending a lander to the surface of Europa in order to release a
probe that will melt through the ice in an attempt to reach the mysterious ocean depths in search
for habitability.  The lander will be sent to one of the recommended spots found by the JEO
imaging and will also be using the JEO as a relay station to transmit data back to Earth from the
lander.  The EJSM mission will launch in 2020 and arrive at Europa in 2026.  The Europa Lander
Probe will launch in July of 2024 and arrive in 2027.

i



TABLE OF CONTENTS

1. INTRODUCTION…………………………………………………………………………....1

2. MISSION OVERVIEW……………………………………………………...........................2

3. ORBITAL MECHANICS………………………………………………………………….....2
3.1 Background…………………………………………………………………………..3
3.2 Gravity Assist Maneuvers…………………………………………………………...3
3.3 Designing the Trajectory………………………………………………………….…4
3.4 Flight Path……………………………………………………………………………5
3.5 Orbital Elements……………………………………………………………………..6
3.6 Discussion and

Results……………………………………………………………...11

4. PROPULSION……………………………………………………………………………….11
4.1 Launch Vehicle……………………………………………………………………...11
4.2 Interplanetary Propulsion Introduction…………………………………………..13
4.3 Phase 1 – Interplanetary Insertion (II)……………………………………………14
4.4 Phase 2 – Jupiter Orbit Insertion (JOI)

…………………………………………...17
4.5 Phase 3 – Landing…………………………………………………….....................20

5. STRUCTURE………………………………………………………………….....................21

6. THERMAL………………………………………………………………………………….25

7. PROBE…………………………………………………………………………....................28

8. SCIENCE INSTRUMENTATION………………………………………………………..32

9. POWER……………………………………………………………………………………..33

10. COMMUNICATIONS…………………………………………………………………....35
10.1 Requirements……………………………………………………………………..35
10.2 Overview of Proposed System…………………………………………………...35
10.3 Lander Communication System…………………………………………………36
10.4 Probe Hardware………………………………………………………………….38

ii



iii





INTRODUCTION

In the words of Galileo Galilei, “All truths are easy to understand once they are discovered; the
point is to discover them.”  Human curiosity has paved the way to many great breakthroughs in
learning about Earth and its surroundings.  One of the great mysteries presented to mankind is
whether or not Earth is the only habitable body.  Humans have been exploring other planets and
their systems since the 1960’s in hopes of possibly answering multiple questions including the
former.  Due to the development of technology, it is becoming more of a realistic goal to inspect
other planets more closely for signs of life.  

Jupiter has caught the attention of many astronomers and scientists not only because of its
enormous beauty and size, but because it could potentially give insight into the origins of the
solar system.  This is believed because Jupiter’s system houses so many different characteristics
also seen here on Earth such as the large lengths of ice and potentially water along with hot
molten volcanoes.  Many different missions have flown past Jupiter and collected information,
however, the most valuable information has come from the Galileo mission.

The Galileo spacecraft launch on October 18, 1989 and remained active until 2003 when it
crashed into Jupiter.  This was the first mission to send a probe into Jupiter’s atmosphere to
gather information about the conditions.  It also did a two year Jovian tour taking images and
other reading of Jupiter and its natural satellites.  After the mission was supposed to end in 1997,
the Galileo spacecraft was in such pristine condition that its tour was extended to fourteen more
orbits in order to gain more information about Europa and Io.  

From images that Galileo took of Europa, the surface shows cracks, ridges, and discolorations.
This leads analysts to believe that these are caused by warmer layer beneath the surface to be
breaching the surface and seeping through the cracks.  It is conceivable to believe that the warmer
body is an ocean due to tidal flexing which is caused from Europa’s neighbors whose
gravitational forces squeeze it like a tennis ball causing it to heat up.  Hydrothermal vents may
possibly be located underneath the surface which may like here on Earth be a prime location for
life to flourish.

In order to further investigate Europa’s characteristics and potential, NASA and ESA have joined
efforts and proposed the Europa Jupiter System Mission (EJSM).  This mission can be broken
down into two separate parts: the Jupiter Europa Orbiter (JEO) and the Jupiter Ganymede Orbiter
(JGO).  The objective of this mission is to establish if the Jupiter system harbors habitable
worlds.  This mission will have two separate launches in 2020 which will both use Venus-Earth-
Earth-Gravity-Assist (VEEGA) maneuvers to reach Jupiter.  They will then proceed to do a
multi-year tour of the Jovian system doing regular fly-bys of Europa, Io, Ganymede, and Callisto
while continuously monitoring the magnetosphere, as well as Jupiter’s atmosphere and rings.
The JEO will first reach Europa in 2026, but will not go into a circular orbit around it until 2028
where it will be in at an altitude of 200 km and after a month transfer to a 100 km circular orbit.
The JEO will use ice penetrating radar in order to map the distribution of water in and underneath
Europa’s surface.  It will also be using IR spectroscopy in order to gather information about the
composition and chemistry of the moon.  Imaging will hopefully be able to be used to predict
potential landing sites and thermal sensing could give clues as to where hot spots are located.
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As an extension to the EJSM, the Europa Lander design team will further investigate the
possibility of life by sending a lander onto Europa that will deploy a probe which will be able to
breach the icy surface and explore the depths of the potential ocean below.  By the predictions
made from the JEO mapping, a landing site will be chosen in a spot where it is assumed the
thickness of the ice will be minimal.  The JEO satellite will also be used as a relay station for the
lander to transmit data back to Earth.

The chosen flight path trajectory of this mission will be a direct transfer from Earth to Jupiter and
captured into an orbit about Jupiter that will take the spacecraft around Europa so that it can slow
down to land.  Because this was the chosen trajectory, the Atlas V HLV launch vehicle was
chosen for its capability to have a large payload because using a direct transfer requires a lot more
propellant than a gravity assist maneuver.  In order to be able to land on Europa this will require
the propulsion system to have a Centaur rocket, 10 ACS thrusters, a Star 75, a Star 37FM, and 4
Hydrazine divert thrusters, which will be elaborated on more in section 4.  

In order to power the spacecraft through interplanetary travel a radioisotope thermoelectric
generator (RTG) will be used.  One will also be located inside of the lander in order to power the
probe through the ice once it arrives on the surface of Europa.  RTG’s are often hard to acquire
due to safety regulations, however, this is the best option to use as of this point to get the craft to
Jupiter.

On the path to Jupiter, a high gain antenna will be used to communicate with the ground station
on Earth.  This antenna will also be used to help shield components from the heat of the Sun.  It
will be jettisoned before landing.

Once the lander is on the surface of Europa, the RTG will be released from the bottom onto the
icy exterior and the heating plates will begin to melt through the surface.  As the probe begins to
descend toward the center of the moon, it will drop relay stations for communication at way
points so as to be able to continuously transmit back data to the lander, which will send data to
the JEO.  As the probe travels through the ice, it will be taking reading of the composition of the
substances to help get a better understanding of its characteristics.  

When the probe has reached the ocean, another smaller vehicle will be released attached to a
tether that will be able to roam around the ocean depths and collect data and information.

As can be seen from the following flow chart, the orbital mechanics of this mission directly
affects every subsystem of this mission.  For example, propulsion is completely dependent of the
trajectory because that will decide how much propellant is needed to reach the destination.  From
that information, then specific launch vehicles and motors can be chosen that will meet the
criteria.  Also, if the flight path is one such that takes the spacecraft closer to the sun, that will
directly influence how the structural and thermal systems will have to be evaluated and designed
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for.  Communications and power also rely on the trajectory so designing the orbital mechanics of
this mission are extremely important.

At its closest distance to Earth, Jupiter is still 370 million miles away.  To put into perspective as
relative to other planets, from Earth to Mars it is only 36 million miles and to Venus it is 25
million miles.  Jupiter is more than 10 times farther than the two closest planets.  Because Jupiter
is so far away, there are many challenges to overcome when planning the trajectory to travel
there. Not only does this decision directly affect travel time, almost all other components are
dependent on how it is designed, largely in part due to weight limitations.  The easiest solution to
this problem is to take the most direct route: a Hohmann transfer between Earth and Jupiter.
However, this can cause large ? v’s which require large amounts of propellant; this takes up a
huge portion of the mass of the entire spacecraft, which will force cut backs to be made on the
amounts of components placed on the lander itself. 

Another popular option considered was to use a gravity assist maneuver which would reduce the
? v needed to get to Jupiter and therefore cut back on the amount of propellant needed
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consequently.  The downside to this type of flight path is that the trip takes longer to reach the
destination, which would be troublesome if there were some sort of time constraint, and this
would have to be accounted for.  The most difficult part of designing this trajectory was trying to
find a launch window for which all of the planets would be lined up and in the right place.  In
industry, optimization programs are used to find these time windows for which launch would be
best.  Since these types of optimization programs were not at our disposal and time is limited, the
task of designing a gravity assist maneuver may be outside of our knowledge base.  Another
setback to using gravity assist maneuvers is that since the craft will be powered by a radioisotope
thermoelectric generator (RTG), it may be hard to get approval to slingshot around Earth due to
the dangers of an RTG.

After trying to design both options, it was decided to do a direct trajectory.  In order to solve the
mass and propellant problem due to the high ? v’s, some different methods will be used to cut
back.  The biggest challenge will be to slow down the velocity of the craft as it flies by Europa in
order for it to be easier to land.

In order to begin the design process, it was first decided to model both Earth’s and Jupiter’s
orbits around the Sun as circular.  A Hohmann transfer would then be utilized from Earth to
reach Jupiter’s orbit all within respect to the sphere of influence of the Sun.  First, the circular
orbit velocities of both planets can be found using the following equation:

(1)

Now the velocities at perigee and apogee of the elliptic transfer orbit must be found using this
equation and putting in the corresponding radius term.

(2)

In order to find the ? v’s for this case, the differences between the orbits and the elliptic velocity
at either perigee or apogee needs to be assessed.

(3)
   (4)

For this specific case, it was calculated to have a  of 8.7979 km/s and a of 5.656 km/s
causing a total of 14.45 km/s of  necessary for this flight path.

Now looking at a second case where instead of assuming that Earth and Jupiter are in circular
orbits around the Sun their actual elliptic orbits are used in the calculations.  For these
calculations, Equation 2 is used to find the velocities at perihelion and aphelion for both the
planetary and transfer ellipses.  The big difference for this case is that the eccentricity of the
transfer orbit needs to be found so that the angular momentum can be found which leads to
solving for the semi-major axis to be placed in Equation 2 to calculate transfer ellipse velocities.
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    (5)
   (6)

By accounting for the true orbits of the planets about the Sun, this increased the accuracy of the
 calculations but not by much.    Now, a  of 8.82 km/s and a of 5.391 km/s causing a

total of 14.21 km/s is needed for this flight path.  In the final iteration, less assumptions are made
and more details are taken into consideration.

Now that the initial assumption cases had been solved for, it was time to get more detailed and
design the final flight path.  The first step of the calculations was to decide what to do at launch
and how to leave Earth.  It was decided that after launch the vehicle would enter a circular orbit at
LEO (300 km altitude) before exiting the influence of Earth.  This will require a ? v of 7.7 km/s
and will be handled by the Atlas V, the chosen launch vehicle.  Using Equation 1 to find the orbit
velocity at LEO will give this ? v.

After reaching this parking orbit, the vehicle will then begin on a hyperbolic trajectory from Earth
on the way to Jupiter.  To leave the Sphere of Influence (SOI) of Earth, this will require a ? v of
6.3 km/s and will provide a hyperbolic excess velocity of 8.77 km/s with respect to the Earth.  In
order to calculate the ? v at this stage, first the periapse velocity must be found using the
following equations:

     (7)

Where  is the hyperbolic excess speed which can be calculated:

            (8)

Where R1 and R2 are the radii of Earth from the Sun and Jupiter from the Sun respectively.

Now by finding the difference between the speed at periapse of the hyperbolic trajectory and the
circular orbit at LEO, the ? v can be found.

   (9)
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Figure 2: Depiction of hyperbolic path from LEO out of Earth’s SOI

After escaping the influence of the Earth, the spacecraft enters a new reference frame, one which
is in respect to the Sun.  It then follows an elliptical transfer trajectory to Jupiter’s SOI.  At this
point, the frame of reference now becomes centered on Jupiter during the rendezvous phase and
the relative velocity of the craft is found to be 5.64 km/s by finding the hyperbolic excess speed
and approach.

   (10)

When designing the rendezvous phase of the trajectory, there are many variables that the
designers have control to alter in order to meet certain requirements of the team and mission.  For
instance, it was important to have a ? v as small as possible to land on Europa due to propellant
constraints.  Therefore, in order to adhere to that restriction it has to be compromised that a larger
? v for Jupiter Orbit Insertion (JOI) will be used.  This can be altered by changing the eccentricity
and perigee of the capture orbit around Jupiter.  An important assumption that was made here
was that the differences in the planes of inclination were ignored because it is small.

It was chosen that the craft would insert an elliptic orbit about Jupiter after entry with its perijove
radius at 100 km outside that of Europa, at 671000 km with an eccentricity of 0.4 and a period of
7.64 days.  This creates a ? v for JOI of 3.97 km/s.  In order to find this, evaluate the difference in
the hyperbolic speed at perigee represented in Equation 7 and the perigee speed of the capture
orbit.

   (11)

        (12)

After this, the craft will rendezvous with Europa at perigee and will require a landing ? v of 2.52
km/s.  This is found by finding the difference in the capture orbit perigee speed found in
Equation 11 and the orbit speed that Europa is travelling around Jupiter by using Equation 1.
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Figure 3: Hyperbolic rendezvous path shown as well as the elliptic capture orbit around Europa

1.5ORBITAL ELEMENTS

Table 1: Launch Window Data

With all pieces determined, we can find the total ? v needed for the mission not including launch
to LEO:

Finally, a launch date must be set.  Using previous mission data and launch windows shown in
the table below, it was possible to interpolate to find an opportunity on July 1, 2024 with a 15 day
launch window can be used.  This means the craft will reach Europa around April 23rd of 2027.  
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Opportunity
Launch
Open

1999 1-Jul
2000 2-Aug
2001 4-Sep
2002 4-Oct
2003 4-Nov
2004 4-Dec
2006 5-Jan
2007 6-Feb
2008 9-Mar
2009 10-Apr
2010 12-May
2011 13-Jun
2012 15-Jul
2013 16-Aug
2014 17-Sep
2015 19-Oct
2016 20-Nov
2017 22-Dec



2019 23-Jan
2020 24-Feb
2021 27-Mar
2022 28-Apr
2023 30-May

2025 2-Aug
2026 3-Sep
2027 5-Oct
2028 6-Nov
2029 8-Dec
2031 9-Jan

2024 1-Jul

From knowing the launch date, the orbital elements of Earth and Jupiter can be found at these
times.  These are calculated by using MATLAB programs shown in the Appendices section
shown at the end of this report. 
Input data:

Planet: Earth
Year  : 2024
Month : July

Day   : 1
Hour  : 12
Minute: 0
Second: 0

Julian Day: 2460493.000

Orbital Elements:

Angular momentum (km^2/s)                           = 4.4551e+009
Eccentricity                                        = 0.0167009

Right Ascension of the ascending node (deg)         = 347.499
Inclination to the ecliptic (deg)                   = -0.0031443

Argument of perihelion (deg)                        = 115.53
True Anomaly (deg)                                  = 176.775

Semimajor Axis (km)                                 = 1.49598e+008

Longitude of perihelion (deg)                       = 103.029
Mean Longitude (deg)                                = 279.695
Mean Anomaly (deg)                                  = 176.666
Eccentric Anomaly (deg)                             = 176.721

State Vector:

Position vector (km) = [4.80501e+013 9.48515e+012 -4.17149e+006]
Magnitude               = 4.89774e+013
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Velocity (km/s)      = [-1.75372e-005 8.92559e-005 -8.67865e-011]
Magnitude            = 9.09625e-005

Input data:

 Planet: Jupiter
 Year  : 2024

 Month : July     
 Day   : 1

 Hour  : 12
 Minute: 0
 Second: 0

 Julian Day: 2460493.000

Orbital Elements:

 Angular momentum (km^2/s)                           = 1.01522e+010
 Eccentricity                                        = 0.0483611

 Right Ascension of the ascending node (deg)         = 100.639
 Inclination to the ecliptic (deg)                   = 1.30502

 Argument of perihelion (deg)                        = 274.172
 True Anomaly (deg)                                  = 47.0083

 Semimajor Axis (km)                                 = 7.78434e+008

 Longitude of perihelion (deg)                       = 14.811
 Mean Longitude (deg)                                = 57.8647
 Mean Anomaly (deg)                                  = 43.0537
 Eccentric Anomaly (deg)                             = 45.0135

State Vector:

 Position vector (km) = [2.44611e+014 3.1605e+013 9.5775e+009]
Magnitude               = 2.46644e+014

 Velocity (km/s)      = [-5.24744e-006 4.08253e-005 1.62857e-008]
 Magnitude            = 4.11612e-005

Input data:

 Planet: Earth  
 Year  : 2027

 Month : April    
 Day   : 23
 Hour  : 12
 Minute: 0
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 Second: 0

 Julian Day: 2461519.000

Orbital Elements:

 Angular momentum (km^2/s)                           = 4.4551e+009
 Eccentricity                                        = 0.0166998

 Right Ascension of the ascending node (deg)         = 347.357
 Inclination to the ecliptic (deg)                   = -0.00351057

 Argument of perihelion (deg)                        = 115.681
 True Anomaly (deg)                                  = 109.701

 Semimajor Axis (km)                                 = 1.49598e+008

 Longitude of perihelion (deg)                       = 103.038
 Mean Longitude (deg)                                = 210.93

 Mean Anomaly (deg)                                  = 107.891
 Eccentric Anomaly (deg)                             = 108.797

State Vector:

 Position vector (km) = [4.82332e+013 8.5015e+012 -3.59298e+006]
Magnitude               = 4.89767e+013

 Velocity (km/s)      = [-1.57405e-005 8.95915e-005 -9.70494e-011]
 Magnitude            = 9.09637e-005

Input data:

 Planet: Jupiter
 Year  : 2027

 Month : April    
 Day   : 23
 Hour  : 12
 Minute: 0
 Second: 0

 Julian Day: 2461519.000

Orbital Elements:

 Angular momentum (km^2/s)                           = 1.01522e+010
 Eccentricity                                        = 0.0483575

 Right Ascension of the ascending node (deg)         = 100.648
 Inclination to the ecliptic (deg)                   = 1.30499

 Argument of perihelion (deg)                        = 274.169
 True Anomaly (deg)                                  = 132.482

10



 Semimajor Axis (km)                                 = 7.78437e+008

 Longitude of perihelion (deg)                       = 14.8176
 Mean Longitude (deg)                                = 143.112
 Mean Anomaly (deg)                                  = 128.294
 Eccentric Anomaly (deg)                             = 130.404

State Vector:

 Position vector (km) = [2.43715e+014 3.79645e+013 1.21147e+010]
Magnitude               = 2.46654e+014

 Velocity (km/s)      = [-6.25952e-006 4.06809e-005 1.62402e-008]
 Magnitude            = 4.11597e-005

Due to the nature of the design process, this is only an iteration of the final design for the overall
spacecraft mission.  Because of this, more changes will most likely have to be made.  For the
orbital mechanics aspect, improvement can definitely be made to the design in order to have a
lower ? v.  The trajectory could completely be changed to employ a gravity assist maneuver in
decrease the amount of propellant necessary and possibly increase the payload weight.  If the
direct transfer is kept, there are certain “tricks” that can be taken advantage of as well.  One
example of this is to make the elliptical orbit around Jupiter even more eccentric.  The optimal
orbit for the ? vJOI is a parabolic orbit.  Increasing the eccentricity of this elliptic orbit will help
reduce this value. In addition, flybys of the different moons of Jupiter including Ganymede and
Callisto can help reduce the velocity of the orbit and as such reduce the perijove radius of our
orbit.  Finally, using the idea of Weak Stability Boundaries in space can help minimize the ? v
required for nearing Europa for landing.  This idea utilizes the unstable Lagrange points between
Jupiter and Europa and will find equilibrium at this point.  Then, using a very small ? v in the
direction of Europa will send the spacecraft into orbit about Europa while using a minimal ? v.
This strain of thought can actually be used to travel anywhere in space by traveling between
different Lagrange points following a path known as the Interplanetary Transport Network. 

For our launch vehicle selection we focused on currently fielded solutions.  We felt that with the
unprecedented mission that we were taking on that in order to manage the risk of failure we
needed to focus on currently proven solutions for liftoff.  
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The selection was not as tough when we realized that our payload weight to low earth orbit was
going was going to be close to 29000kg.  Since there is only one vehicle that met all of our
requirements for launch the selection was not that difficult.

The launch vehicle that has met the specifications of our design is the Atlas V HLV rocket.  The
Atlas V HLV uses 3 Common Core Boosters (CCB) using the RD-180 engine with each engine
providing a liftoff thrust of 3.8MN or 860,000 lbf.  This configuration along with our Centaur
upper stage equipped with one Pratt and Whitney RL-10A-4-2 engine allows us to lift a payload
of up to 29,490kg to low earth orbit. The total launch mass will be 2,120,000lb or 961,451kg.  

ATLAS V HLV specs care of ULA
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Typical Post Launch behavior for the Atlas V HLV care of UAL.

Our spacecraft will be shielded from the atmosphere by the 5.4m O.D., 4.5m I.D. by 23.4m in
length Oerlikon fairing.  This will allow us enough room to fit our spacecraft which is 21.06
meters long and 3.5 meters in diameter without having extra drag and weight due to over sizing
the faring.  This will allow us plenty of room to insure that there is no incidental contact with the
fairing.  Our adapters can easily dampen the vibration and the max of 5 g’s at liftoff.

The launch cost for our vehicle should cost between 150 and 200 million in 2009 dollars and
between 250 and 300 million accounting for inflation in 2024.  We will be launching from Space
Launch Complex 41 at Cape Canaveral Air Force Station, Florida. One of the keys to our launch
vehicle selection was the probability of a successful mission. With 13 total launches and only 1
partial failure, the Atlas V has a 92.3 percent success rate.  The TRL of this vehicle should be an 8
or 9 by the time we launch.

The spacecraft’s propulsion and ADCS will be responsible for three main phases of the Europa
Probe Mission.  Phase 1 begins with the Centaur (V1) upper stage rocket propelling the s/c into
an  ( ) maneuver.  The  maneuver will be a direct Earth to Jupiter
transfer costing a ? V of approximately 6290 m/s, and propellant mass of approximately 22,000
kg of liquid oxygen/hydrogen propellant.  The next part of phase 1 begins directly after Centaur
rocket has performed its duty and is jettisoned, this will be referred to as Interplanetary Cruise
which will last somewhere around 2.6 years.  At this point, the s/c will be oriented with the
antennae dish pointing toward the sun.  For the duration of Interplanetary Cruise, the s/c will be
spin stabilized at ? =6 rpm, while a continuous limit cycle control system maintains the
spacecrafts trajectory and orientation.  There will be 6 scheduled s/c to Earth communications
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during this phase where the s/c will aim directly toward Earth with an accuracy of ?L=1o to
communicate to the uplink/downlink engineers the status of subsystem health and the current
trajectory such that new inputs can be made.  The orientation will be triple checked and cross-
referenced by multiple avionics sensors consisting of 2 star trackers, 16 sun sensors (8 are
backup), and a micro-mechanical inertial measuring unit (MMIMU).  Upon the end of s/c to
Earth communication, the s/c will then perform any trajectory corrections necessary and return
normal cruise orientation.  

Phase 2 of the mission will begin shortly after the final Phase 1 Earth communication, which will
prepare the s/c for a highly precise/critical maneuver ( ).  At this point,
the s/c will spin up to ? =25 rpm and then the ATK, STAR 75 (solid rocket motor) will ignite
providing a ? V=4000 m/s slowing down the s/c such that it will be captured in our intended
Jupiter orbit and then releasing the empty STAR 75 motor and adapter structure leaving only the
lander and Star 37.  Phase 2 will again end with a s/c to Earth communication for a final check of
s/c health and current trajectory. 

Phase 3 ( ) is to be broken down into two sub-phases,  and
.   will be initiated with a STAR 37 FM (solid rocket

motor) burn giving a ? V=2400 m/s followed by the release of the STAR 37 motor and ignition of
the Hydrazine monopropellant propulsion system.   begins with the Hydrazine
propulsion system at approximately 8 km above Europa’s surface much like the Lunar Surveyor
lander, the Doppler and altimeter radars will be activated while the monopropellant retrorocket
propulsion system will guide the s/c the rest of the way to the lunar surface.  During the s/c’s
final descent, 10x CHT-5N, attitude control system (ACS) thrusters will provide full 3 axis
stabilized orientation control and 4x CHT-400N, divert thrusters will direct the s/c laterally to its
precise landing location and perform the final ? V =50 m/s resulting in a ~zero velocity Europa
surface landing.

The Europa spacecraft will begin its interplanetary journey with a ? V=6290 m/s provided by a
Centaur V1 upper stage rocket.  The Centaur is powered by a Pratt & Whitney RL-10A engine
which burns liquid oxygen and hydrogen for propellant.  The Centaur V1 has had 21 successful
flights since its maiden flight in 2002.

Once the s/c has reached the needed ? V, the Centaur rocket and adapter will be jettisoned and
the  will be underway.  This cruise phase of the mission will last
approximately 2.6 years and the s/c will have scheduled 6  s/c to Earth communications, or
trajectory correction maneuvers (TCM’s).  The attitude control system that makes these
reorientation maneuvers possible is comprised of 10 CHT-5N monopropellant thrusters which
give the s/c 3-axis stabilization.  The propellant needed to perform each maneuver was calculated
as follows:

One axis maneuver:
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precision landing phase (3b) Phase (3a)

Phase (3b)
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4.3 Phase 1 Interplanetary Insertion (II):



=reorientation angle, =mass moment of inertia about x,y, or z axis, n=#thrusters,

F=thrust, L=moment arm, =specific impulse, = time of thrusters firing to achieve the angle

Reorientation maneuvers can occur about any axis and usually more than one at a time.  The
coordinate system used for this analysis is as follows; z-axis (roll) longitudinal, x-axis (yaw)
lateral, and y-axis (pitch) lateral.  Therefore the moments of inertia about x and y (Ixx and Iyy) will
be approximately the same while Izz will be significantly smaller.  The below is a list of
approximate moments of inertia for each phase of the mission so that the above equations can be
solved.

Full Stack Moment of Inertias

Ixx [kgm2]= 61357

Iyy [kgm2]= 61357

Izz [kgm2]= 7652

Post JOI Moment of Inertias

Ixx [kgm2]= 12627

Iyy [kgm2]= 12627

Izz [kgm2]= 6991

Lander Moment of Inertias (no stack)

Ixx [kgm2]= 8155

Iyy [kgm2]= 8155

Izz [kgm2]= 6923

The following parameters have been assumed for the propellant mass calculations:
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Moment of Inertia Approximations:

Moment of Inertia Approximations:

Moment of Inertia Approximations:



?manuever[deg]= 5

L [m]= 2

T [N]= 10

n (# thrusters)= 2

Isp [s]= 225

Spin up/down maneuver:

? = angular spin rate rad/s: where ? 1=6 rpm = 0.628 rad/s and ? 2=25 rpm=2.62 rad/s

Spin stabilization is an important aspect of attitude control because it maintains the s/c moving in
the direction parallel to the spin axis, resisting external perturbations.  One Problem that may
arise from the s/c spinning and jettisoning empty tanks and adapters is that the changing
moments of inertia may cause the axis of the minimum moment of inertia may change from Izz to
Iyy or Ixx making the s/c  unstable and wanting to spin about that axis.  As seen above, our s/c is
ok.

Limit Cycle Control:

Limit cycling is another method of attitude control to maintain s/c orientation.  This mission
utilizes two limit cycle modes.  One mode will occur for spacecraft to Earth communications
where the high gain antennae will need to point directly to Earth with an accuracy of ?L=1o for the
duration of communication, or t=tcy.  The other mode is continuous throughout the interplanetary
cruise phase where the control system will limit the angle that the s/c strays from its intended
trajectory, ?L=f =1o, where f  is the precession angle relative to the spin axis.  The following
equations were used to calculate relevant quantities:

Where = minimum impulse bit, = max angle allowed, = time for a full limit cycle, 
=pulse width (time of acceleration)

The above limit cycle relationships are then combined with the precession of the spin axis and
the below equations can be used to calculate propellant mass to maintain trajectory direction
within the specified limits.
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Propulsion Hardware:

Per Unit Totals

Thrusters
CHT-400N
(hydrazine) 4 2.70 10.80

CHT-5N (hydrazine) 10 0.40 3.95

Rocket Motor Casings

STAR 75 1 562.91 562.91 -1 to 38

STAR 37 FM 1 82.00 82.00 4.5 to 45

Rocket Adapters

For the Lander 1 100.00 100.00

For the STAR 75 1 250.00 250.00

For the STAR 37 FM 1 500.00 500.00

For propellant tanks 8 4.00 32.00

Propellant Tanks 8 8.50 68.00

Hydrazine Propellant -80 to 30
For attitude
maneuvers - 289.80 289.80

For landing ? V - 166.00 166.00
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Guidance Sensors

Sun Sensors 16 0.37 5.84 -80 to 90

Star Trackers 4 1.36 5.44 -20 to 50

MMIMU 2 0.16 0.32 -55 to 85

Propulsion Totals 1961.98

Upon the last leg of the interplanetary cruise there will be a final Earth to s/c communication
ending with an increased spin up maneuver to ? =25 rpm before the STAR 75 ? V maneuver of
4000 m/s.  The empty motor will again be jettisoned along with the adapter by way of explosive
bolts.

The STAR motors will be equipped with sealed nozzles insulating the solid rocket propellant
within.  The reason for this is due to previous studies by the Long Duration Exposure Facility
(LDEF)1 and Morton-Thiokol space aging data1 that have each obtained slightly conflicting
experimental results.  LDEF have concluded that up to a 5.5 year space exposure of
HTPB/AL/AP, without a sealed nozzle, is acceptable in STAR motors due to negligible
differences between space aged specimens and ambient stored specimens.  While Morton-
Thiokol space aging data concluded that there becomes bond line and propellant risk after 10
month exposure without a sealed nozzle.  Although the Morton-Thiokol data was performed on
CTBP/AL/AP it may still apply to HTPB/AL/AP and a multibillion dollar space mission is not a
proper time to base critical components on conflicting data.

The STAR motors were selected for our major retro-burn maneuvers for very specific reasons.
The other viable options included bipropellant, monopropellant, and electric propulsion.  The
electric propulsion was ruled out very quickly due to the extremely long time needed to reach
large ? V’s, the technology is currently best suited for maintaining a constant orbit around a body
or changing the radius of an orbit over a long period of time.  The choice between bipropellant
and monopropellant for large ? V maneuvers was also very apparent after a few calculations
matched up with current thruster/nozzle technology.  The bipropellant clearly has better
performance and a higher level of versatility but where these liquids fall short is the burn life of
the smaller family of thrusters/nozzles.  The thrusters can be engineered to sustain a longer burn
life but most of the nozzles that are currently developed for that performance are much larger and
used on upper stage rockets (for example the Centaur) or launch vehicle boosters which are too
large of scale for our purposes.  Liquid propellants also run the risk of evaporation on long
duration space missions and are not designed well for spin stabilized spacecraft.  Solid rocket
motors (SRM’s) are very consistent as demonstrated by ATK STAR motors and have the unique
capability to be jettisoned post burn.  The best choice turns out to be solid rocket motors
(SRM’s) for the above reasons and also portrayed in the below charts.
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4.4 Phase 2 –Jupiter Orbit Insertion (JOI)



The two above graphs show the overall performance of a solid rocket motors versus bipropellant
thruster to perform the entire ? V’s for JOI and Landing phase 3a.  The bipropellant rockets use
less propellant to propel the same amount of mass, although only by about 200 kg.  Where the
bipropellants outperform the SRM’s, the SRM’s outweigh with simplicity.

JOI Rocket Selection
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The above graph portrays STAR motors vs. bipropellant systems and their max propellant
capacity.  As seen in the above equation, the bipropellant is limited by the number of thrusters
used, magnitude of thrust, and/or the material used for the nozzle (burn life).  The graph above
models a single S400(15) thruster and could be improved with a different configuration, but for
our purposes it is seen that the STAR 75 and STAR 63F closely fit the propellant mass capacity
to propel a 700 kg lander.

Phase 3a Rocket Selection
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Here we see the monopropellant is completely outperformed and the bipropellant performs
slightly better than the solid rocket motors.  When selecting which STAR motor to use, the
STAR 31 has more propellant capacity although the STAR 37FM can still handle the amount of
propellant needed for a 700 kg lander (with 9% offload capacity to spare).  This is the reason for
the STAR 37 FM selection for the s/c phase3a ? V.

The STAR 37 FM will perform the initial breaking to slow the s/c right before the monopropellant
propulsion system takes over for the phase 3b precision landing.  Two CHT400N thrusters will
provide the lander with lateral movement for object avoidance and target landing, while the other
two CHT400N thrusters are pointed downward at a cant angle to slow the craft to a zero velocity
landing.  While on the final descent, Doppler and altimeter radars will feed back altitude
information to the control system which actuates the retrorockets and the IMU along with the
other sensors provide the feedback information necessary to maintain stable orientation.  Also
noting that the gravity of Europa is far less than the gravity of Jupiter and if the spacecraft
approaches Europa’s surface with Jupiter to its back, the gravity will assist in a softer surface
landing. 
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4.5 Phase 3 (Landing)
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Once the satellite has been deployed from the launch vehicle it will have two main purposes.
Firstly, it will have too house all navigation, propulsion, communication, and scientific
instrumentation equipment that will be required to get to the Jovian system. In this sense the
satellite will be able to mimic its predecessors Galileo and Cassini. Secondly, the satellite must
house the lander module that will detach from the craft near Europa and make its way the the
planet. This portion of the mission differs from Galileo and will impose a completely different set
of constraints. A truncated list of the major structural components are as follows:

Central structural Tube Supports
Sun facing Low Gain and High Antenna
House sunshade for thermal protection
Fuel Tanks
Lander module

A table of the structural properties of multiple interplanetary satellites was constructed in order to
aid in the design.

Satellite Wet Mass (kg) Structure

Galileo 2223 Cylindrical Core/Truss

Cassini 5600 Cylindrical Core/Truss

Voyager 1/2 722 Dish/Cylindrical Core/Truss

Pioneer 10 258 Dish/Cylindrical Core/Truss

Clearly, it can be seen that the standard configuration for interplanetary satellites is a cylindrical
core which supports a reinforcing truss network, all of which is connected to the main large
antenna. Typically, multiple arms extend from the main satellite body. These arms serve different
purposes, whether it be RTG seclusion, instrumentation, or other reasons, the increased moment
of inertia has a secondary effect of stabilizing the craft.

From past satellites example and independent research the decision has been made to go with a  a
two module design. The main antenna, sun shield, and radiator (referred to from here on as the
transporter) network will be housed on a core truss network. The lander will then be attached to
the opposite end as the antenna and shield. The lander module will house all navigation, fuel, and
intelligence instrumentation. This orientation will allow for the lander to be deployed away from
the rest of the craft once it has reached Europa. The lander will then be its own separate vehicle
that will descend to the moon's surface.

A preliminary layout of the craft is shown in Figure 1.
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Figure 1: Stripped Satellite structure, showing support truss network between transporter and lander
Due to the interplanetary nature of our mission, many of the typical structural design constraints
such as atomic oxygen erosion and outgasing will not apply.

Atomic oxygen erosion is a phenomena that occurs when atomic oxygen particles impact the
spacecraft surface and degrade the overall structural integrity. Evidence has been found from
LEO satellites and early shuttle flights that atomic oxygen can change both optical properties and
decrease structural mass [Banks and Rutledge, 1988]. However, because our mission only plans
on spending a minimal amount of time at the LEO altitude there is little reason to focus on
preventing atomic oxygen erosion.

Outgasing is a phenomena that occurs in composite materials when exposed to vacuum. It takes
place when trapped gas in the composite is released to the outside vacuum and collects locally
around the satellite. Again, this will be less of a factor for our mission as it is for a LEO planned
mission. This is true because our craft will be in route to the Jovian system for the vast majority
of its life and, for stability reasons, will be in constant angular motion. As a result, the outgased
material will most likely be pulled away from the craft by the vacuum of space or pushed aside
by the rotating mass.

Assuming that the flight plan and mission duration of our project removes the fear of outgasing
and atomic oxygen effects, the strength of the structural design becomes the limiting factor. This
greatly simplifies the design process because the choice of materials is vastly enlarged.
Previously, it was difficult to justify a purely composite design for the fear of outgassing.
Likewise, materials what would be subject to atomic oxygen erosion would require special
treatment prior to launch. 

For the majority of the mission the craft will be traveling to Jupiter with very little propulsion
input. During this phase of the trip the structure will be subject to very little stress and therefore
will required minimal strength. However, during the launch and delta V burns the craft will see
extremely high acceleration and thus high stress. Propulsion calculations (see other sections)
have shown that, at launch and other thrusting maneuvers, the craft will be subjected to
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accelerations nearing 10 times gravity. This fact heavily effects the requirement of the supporting
structure.

As discussed above the choice was made (based on thermal, navigation, and launch vehicle
considerations) to move forward with a center truss network supporting the main antenna and
connecting it to the lander module. For this reason this truss network must be designed to be
strong enough to handle the full weight of the 57kg dish under a 10g acceleration. 

With this assumption in place, a standard box truss was built in a solid modeling program and
failure tests were run on various materials. Figure 2 shows the results of one of these test using a
standard carbon fiber material.

Looking at the color coated stress chart it can be clearly seen that the box is capable of
supporting the antenna during launch. All other tested materials (aluminum, metal matrix, etc)
yielded the same result, with a minimum safety factor of 6 recorded. Because all reasonable
materials are capable of producing the required strength the selection decision becomes weight.
In this area carbon fiber tubing is the clear favorite. For this reason the final truss material was
chosen to be carbon fiber tubing.
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Figure 2 – Stress Test on Carbon Fiber Truss Box



The same design process was used for the outer support structure seen in figure 1. The only
difference here was that the outer ring must only be designed to support a minimal amount of
weight. Its real purpose is to insure that the disk remains undeformed during launch. Carbon fiber
was again found to be the optimal material.

The structural design of the lander portion of the craft was approached in the same manner.
Based on the same design factors as above, a carbon fiber truss structure was chosen to frame the
lander structure and support the internal components. The octagonal shape of the lander is
comprised of an octagonal truss network which supports aluminum panels, which act as walls,
and carbon fiber panels, which act as shelves.

A stress analysis of this configuration was run based on the assumption of a 9g take off
maximum acceleration. The lander was assumed to have a payload weight of 700 kg (per the
maximum design weight). Based on these assumptions, a safety factor of 14.5 was calculated.
This safety factor is above the required value but is believe to be a reasonable result due to the
broad assumptions that were made.

Once the craft has left the protective environment of the launch vehicle thermal heat transfer will
be primarily through radiation. Relevant sources of radiation include: the Sun, the Earth, and
Jupiter.

The first step in designing a thermal control system is defining the thermal operational limits of all
significant components on the craft. Table 2 shows a breakdown of the limiting thermal ranges
that must be taken into account.
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Figure 3 – Stress Test on Carbon Fiber Lander Structure
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Table 2 – Thermal operational ranges

Table 3 – Electrical emissions to craft

From here it is necessary to develop a estimate of the total electrical energy that will be emitted to
the satellite from the individual electrical components. As discussed in other section, our craft
will require 2 large RTG units. Each of these units will produce considerable heat. This means
that the electrical energy received by the craft will be heavily dominated by the RTG
contributions. Table 3 lists the estimated electrical emissions.

The next step in designing the thermal control system is to estimate the temperatures that the
craft will see if no control is implemented. Starting from the first law of thermodynamics, an
equation based on the radiation of solar bodies and input energy from on board power sources
was derived for the steady state temperature of the satellite as a function of time. This initial
calculation modeled the craft as a sphere of known area and thermal properties.

This method was used in order to obtain a general idea of the type of thermal control that would
be required. From this equation and the known thermal constants of the sun, earth, and Jupiter a
plot of steady state temperature as a function of distance from the sun was constructed.
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TOTAL Heat Generation:

Batteries NiCd 5 20
STAR motors 0 40
Electronics 0 40
Structures -46 65

Att itude and Control 25
Computer Processing 20

Power Conditioning 20
Telecommunications 70

RTG Lander (Heat Production) 2200
RTG Probe (Heat Production) 1900
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Figure 2 – Satellite temperature as a function of Location

The x-axis is marked in astronomical units as defined by the average distance of the Earth from
the sun. Dashed lines in the above figure so the upper (red) and lower (blue) thermal limits of the
satellite electronics and batteries. The satellite must be maintained within these ranges at all times.
It can be seen from this model that at one AU (launch distance) the satellite is at risk of
overheating even with the use of low absorptivity paint. 

At this point it became necessary to refine the spherical satellite assumption that was used to
obtain initial temperature values. Because our craft is going to be traveling the great distance from
earth to the Jovian system, it is going to require a large amount of communication equipment
capable of focusing on the distant home planet. As can been seen from Galileo, this type of
communication system uses a large antenna. After satellite deployment and during the trip to
Jupiter this antenna will be aimed at earth. A beneficial secondary effect of this antenna will be to
shield the craft from the bulk of solar radiation. As a result, the thermal control system can be
designed around collecting the absorbed solar radiation from the antenna and using it to
thermally control the other components of the craft. This task will be accomplished by directing
thermal energy through heat pipes to a radiator bank sitting behind the antenna. From here,
passive louvers will open and close allowing the radiators to send their energy into space. A
central thermal monitoring system will be used to track the temperatures of the individual
components and direct energy as needed from the hot radiators to the desired location through
variable conductance heat pipes (VCHP).

While this simple system will be able to control the majority of the components on the craft,
there will be areas that require move precise control. For example, camera equipment and mass
spectrometry instrumentation requires very tight thermal control. For these components,
thermoelectric coolers (TEC) will be used in parallel to the thermal monitoring system. TECs
operate on the Peltier effect by converting a voltage difference into a thermal difference and vise
versa. In the unlikely event that a specific component becomes to hot or to cold this device will
be able to act accordingly and return it to safe operating conditions.

Another source of heat that must be accounted for is the RTG unit that will be used to power the
satellite operations. From past mission data it has been estimated that this unit will produce a
continuous 2200 watts of execs energy. This energy will also be directed to the radiator network.
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However, because the RTG unit will be behind the antenna disk thermal shielding must be put in
place to prevent radiation from the RTG from interfering with the other electrical components.

With these considerations is place, a schematic of radiation emission from the craft was
developed (figure 3).

From this schematic, a steady state temperature equation was constructed and the results plotted
as a function of distance from the sun. 
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Figure 3 – Radiation emissions
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This plot shows that the range of steady state temperatures that can be maintained purely by
material selection fits nearly in the thermal operating ranges of the electronics.. 

A simplified block diagram of the thermal control system has been constructed and is presented
in figure 5.

As part of our mission we will be landing a probe on Europa that will be capable of melting its
way thru the -180 Degree F ice to the expected subsurface ocean to see if the ocean is capable of
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Figure 5 – Block diagram of thermal control system
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supporting life.  My task was to figure out the propulsion for this probe.  After weighing several
approaches I have decided that using an onboard RTG or Radioisotope Thermoelectric Generator
is the best approach.  

Typical RTG setup

There are a few reasons that we are using a RTG instead of a tether or other power source that is
not onboard the probe.  First and the largest constraint is that the ice appears to be moving and
would sever any cable that connected it to the surface. This means that any solar or surface
mounted power supply is impractical. This means that we will have to carry the power source
with us as we descend thru the ice.  

The only other option to an RTG was to use batteries to power us as we went thru the ice.  The
fact that we would need 150 watts to heat the probe for longer than a year but still keep our craft
small and able to fit into a launch vehicle  made batteries impossible.  Even with the most modern
batteries our probe would have been orders of magnitudes too long to fit in our vehicle.  The
RTG was the only currently available solution that fit our requirements of long life and compact
size and weight.
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Probe Basic Design

The probe design will use a 15cm diameter x 1.5 meter cylindrical probe that will house the
control system, the propulsion system, a science bay for the experiments, and the
communications to include the transmitters that will be dropped to allow the probe to send and
transmit data to the Lander. 

The propulsion system will consist of 4 nose heaters, the RTG, our thermonic converter and the
pump for the water jet.  The propulsion system is located in the nose of the cryobot.  Behind the
propulsion bay the science bay will be located.  The science bay will hold all of the experiments
that we will talk about later in this paper.  Housed near the center of the craft in the science bay
will be our guidance sensors and control computer.  This will control all of the movement of the
probe as it goes thru the ice.

The nose of the probe will be made up of four different heating plates that are arranged in a
quarter circle configuration.  The four heating plates will be separately controlled so that the
orientation of the probe can be gradually changed.  In the center of the nose will be a heated
water jet that will discharge water to aid in the melting process as well as any solid buildup in
front or the cryobot.  The jet will use melted water that is pumped using an onboard pump from
the sides of the probe to the heater and out the nozzle of the cryobot. 
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Probe nose heater configuration

The RTG that will provide the power and heat for the entire probe will use Plutonium 238.  Pu
238 is ideal for this mission due to its availability and the high TRL of 9.  Pu 238 t has a very
favorable energy density and low requirements for radioactive shielding.  In fact Pu 238 batteries
used to be used for pacemakers due to the general safety of the material.

Slug of Pu 238

The RTG itself will be made up of 5kg of Pu 238 and 1.3kg of lead lining to double the required
safety factor for the probe.  It will also have thermal radiators and a liquid cooling/ heating
system.  The RTG core will be 5.5cm diameter by 16cm cylinder and will easily fit inside the
probe.  The RTG will generate about 1950 watts of heat or 100 to 200 watts of electricity or any
combination needed by the probe.
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Speed as a function of heat for a 15cm diameter probe.

The expected velocity of this probe will range from .4.3 km per year to 13.14 km per year
dependent on the temperature of the ice.   The total cost of the materials for the RTG should be
about 2 million dollars in 2009.  The total mass of the cryobot will be approximately 100kg.  The
TRL for the cryobot itself is a 7 to 8 also.  The total time to reach the subsurface ocean will vary
with the thickness and temperature of ice (starts at   -180 degrees Fahrenheit and could be up to
20km thick) but should take anywhere from 1 month to 1.5 years to complete.

Overview of the cryobots journey.

After landing the probe will be lowered onto the surface of Europa.  The probe will slowly at first
melt the ice using its heaters on the nose until it is surrounded by a film of water.  Once
surrounded by water it can use its heated water jet to melt ice faster while removing any
particulates that might build up in front of the probe. The cryobot will be able to steer using any
two of the heated surfaces on the nose melting more ice on that side which will allow gravity to
steer the probe in that direction.

The probe will continue to move thru the ice using the ground penetrating radar to help it avoid
any rocks or voids in the ice. Once the probe has gotten very close to the under-ice ocean it will
separate into two parts.  The back half with the communications will be frozen in the ice and will
act as an anchor connected by a tether to the nose of a probe that will continue thru the ice with
the scientific instruments until it falls thru the ice into the water below. After breaching the water
the cryobot will then perform various experiments and transmit the data to the lander thru the
tether and relays.   

Spectrometry: The chemical sensing suite intended is designed for
autonomous use and thus is relatively small. It requires an estimated 20
watts of electrical power. The mass estimates were more difficult to obtain.
The current system was never designed to withstand the rigors of extended
space travel so it will need significantly more hardware to protect and
strengthen it. It is estimated that the weight of the system as a whole will
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approach 10 kg. This system is fairly flexible in terms of size. There are no serious geometric
constraints so it should fit easily into the 15cm diameter slotted for the sensors in the dangler.
This particular unit uses absorption spectroscopy through a long tube. The long length allows
more sample fluid and more accurate results. This device will allow us to gather immense
amounts of chemical information about the ocean including any organic chemicals or byproducts
of  life that may be present.

Sonar: The sonar imaging suite is likely the most
difficult piece to work with. It not only requires
large amounts of power at 60 watts, but it is
extremely delicate and the principles on which it
functions require precise geometric constraints.
Nonetheless, it is believed that the size constraint
is not an issue and that the current system,
should it prove to not fit, could be adequately
redesigned for the cryobot. The weight of the
system and supporting equipment is estimated to
be 10 kg. This device will allow us not only to
map the ocean floor and learn more about the
geological movements of the core but during the crybots melting phase we can use this module
to detect obstacles in the ice and provide correct steering impulses.

Various other sensing devices: This includes
anything from hydrophones to pressure
sensors to thermometers. Some weight,
power, and space has been allotted for other
sensor packages not specifically mentioned
above. In all, we estimate another 20 to 25
watts of power. The total mass of the
miscellaneous sensors is estimated to be as
high as 10 kg. The size constraints of these
other items are difficult to predict but not
expected to be a problem.

Other equipment on board the cryobot include shielding and electronics equipment. These are
expected to consume another 60 watts and weigh approximately 10 kg and can all be designed to
fit within the cryobot casing.

The lander itself will have very little sensing instrumentation on board. It will have cameras to
capture images of the surface of Europa. In these harsh economic times it is important to inspire
the public so that projects like this will continue to receive funding.
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The power required during the mission can be broken up into two distinct phases. The
interplanetary phase and the sensing phase.

During the interplanetary phase only the
equipment necessary for the travel phase will be
drawing any significant current. This includes any
attitude and control equipment, computer
processing equipment, the communications
equipment, and any power lost in the conditioning
of the electrical system. The table to the right
shows the power usage breakdown for the
interplanetary vehicle.

During the sensing phase of the mission much of the
equipment needed for the interplanetary trek will no
longer be operational. There are now two distinct
vehicles that require power. The lander itself, which
will operate as a relay station between the cryobot
and the orbiting transmitter, and the cryobot which
has most of the sensing equipment on board. The
majority of the landers power is consumed by the comunications equipment. The rest going to
other electronics and thermal control as shown in the table to the right. 

The cryobot contains much of the power hungry
sensing equipment. This includes a few noteworthy
items such as a spectrophotometer and a sonar
module. The other sensors have been assumed to not
need much power. Because this vehicle is suspended in
a highly convective and cold environment significant
power has been diverted to thermal control. The power
breakdown of the the crybot is shown to the right. 

The distance between the jovian system and the sun is
very large. The available solar energy is so little that
enormous solar arrays would be required to power
any instrumentation. The necessitates the use of other
power sources. Due to the long length of the mission,
batteries are impractical. This leaves but one
politically tenable option: the radioisotope
thermoelectric generator, or RTG, pictured to the
right. Based on the amount of power required (around
300 watts at any given time) the RTG will weigh
approximately 60 kg. and is on the order of size of those RTGs that saw service on the ulysses
and galileo missions.
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COMMUNICATIONS

10.1 Requirements

10.2 Overview of Proposed System

The communications system must maintain a reliable two-way data link from the probe to the
Earth. The system must be able to send instructions from the ground station to the probe and
lander. It must also transmit data such as telemetry and instrument readings from the probe and
lander to the ground station. The system should be reliable, as without two-way communications
the entire mission will be a failure. It should also be compact and energy efficient as the lander is
on a tight weight and power budget.

The communications system is composed of three subsystems. The first subsystem is the one
attached to the lander. In-flight, this subsystem is responsible for communication between the
lander package and the ground station. This allows for in-flight programming and control of the
lander package throughout the long journey to its final destination. Its high-gain parabolic
antenna will also shield the craft from solar radiation. Once the lander is on the surface this
subsystem will relay the information from the probe to the passing Jupiter-Europa Orbiter (JEO).

The second subsystem is the one contained on the probe. This subsystem is used to relay data
(primarily instrument readings) from the probe to the lander. This system must extremely robust,
both physically and procedurally in order to successfully transmit data to the surface from
beneath miles of ice, while being strapped to an intense heat source.

The third subsystem consists of relay antennas dropped at regular intervals as the probe burrows
through the ice. These relay stations strengthen the communication link between the probe and
the lander. 

In order to facilitate decision making, a generalized figure of merit for the communications
system is needed. The proposed figure of merit for the system is:

FOM =  ? SNR2 * T/sqrt(M*P*C)

where ? SNR is the increase or decrease in signal-to-noise ratio compared to the other option, T is
the data transmission rate (if applicable), M is the component's mass, P is the required power, and
C is the cost. The SNR term dominates the equation because the system must first and foremost
be capable of reliable data transmission. A low-weight, low-cost system is useless unless data
actually makes it to its intended destination.
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10.3 Lander Communication System

High Gain Antenna

The lander communication system utilizes a high-gain, parabolic antenna. This high-gain antenna
will operate in the X-Band. The reason for this choice is twofold. First, the higher the
transmission frequency used, the smaller the antenna can be made while keeping the same gain.
This is an advantage because the high gain antenna is one of the largest components on the
spacecraft, which must be made to fit in a small rocket bay. The antenna is also the heaviest
component of the communication system. The second reason for selecting the X-Band is its
acceptance as a standard in deep space communications. This allows the use of COTS
components (such as amplifiers and waveguides) specifically made for these frequencies. It also
allows the use of the Deep Space Network as the ground station. These two factors keep costs to
a minimum by utilizing existing technologies.

The high-gain antenna will be 3.5 meters. This is around 1.2m less than previous missions to
Jupiter have used. There are two reasons for selecting a smaller antenna. First is that once the
lander is on Europa, it will use the JEO's antenna as the primary transmission data link to Earth.
Thus the high-gain antenna merely needs to transmit data 200km to the orbiting JEO, instead of
all the way back to Earth. As long as the antenna is powerful enough to allow for data
transmission and reception during the fly-in, it is powerful enough to accomplish its mission.
Given that many mars missions use 3m antennas successfully, and that the DSN antennas are
230ft, it is safe to assume that a 3.5 meter antenna will be acceptable. Secondly, unlike most other
probes, our craft will not be interested primarily in returning photographs or video. The data will
mostly be instrument readings, which does not place such a large demand on the bandwidth of
the antenna. This, along with the signal processing techniques presented below allows the
mission to get away with a smaller antenna.

The gain for the antenna was approximated by the following equation.

G = n * pi2 * D / (c/f)^2 = 50.31dB

37

Transponder

Transponder

TWT 
Amplifier

Solid State 
Amplifier

Low-Gain Antenna

High-Gain Antenna

Switch

Switch

D
ata B

us

Diplexer

Diplexer
Switch

Switch



where the efficiency was conservatively assumed to be 70%, and the frequency was assumed to
be 10gHz. The weight of the antenna was approximated using a regression given by Brown et. al.
(2002) from past missions:

W = 2.89D2 + 6.11D-2.59=54kg

The gimbal system pointing the antenna was assumed to be 3kg, giving a total mass of 57kg. 

The low gain antenna serves two functions. The first is as a backup for the high-gain antenna
during flight. Previous experience with missions such as Galileo have proven this to be a wise
decision. The second function is as the primary communication link with the probe. For
communication over such short distances (on the order of 2-5 miles), the tightly focused beam of
a high-gain antenna, along with the attendant aiming hassles is not needed. The second purpose
will be to receive the data from the probe once on Europa's surface.

The antenna will be of the turnstile variety, a nearly omnidirectional radiator. This allows
communication in nearly any orientation. Brown et. al. offers an estimation for the gain of such
an antenna at 3.1, or roughly 5dB. The antenna is expected to have a mass of 1kg, based on the
antennas used in previous deep space missions.

The lander system will contain two Small Deep Space Transponders (SDSP) from General
Dynamics. These transponders were developed in conjunction with JPL specifically to work with
the DSN, and operate in the X-Band. The two transponders are cross-strapped for redundancy.
The transponders convert the digital signals generated by the craft into radio waves to be sent by
the antennas and vice versa. The transponders also perform the digital signal processing (DSP),
an extremely important task. This means they serve as the A/D converters to digitize the
instrument data. Additionally, this means they handle the encoding. This is the introduction of
redundant data into the signal to increase the SNR. The transponders will utilize forms of
Forward Error Correction called Concatenated Reed-Solomon, Convolution coding, and  BCH
encoding. This allows for the rejection of errors introduced during transmission across the vast
distances of space, and through layers of thick ice. The codes allow the lander to use a smaller
antenna, at the cost of slightly more processing power. The third DSP function performed is
modulation. The transponders utilize Quadrature Phase Shift Keying (QPSK). This is a method
that allows data to be encoded in the phase of the transmitted signal. This allows data to be
transmitted with half the bandwidth normally required. This again allows the use of a smaller
antenna. Each transponder weights 2.9kg, yielding a total weight of 5.8kg.

The amplifier takes the weak electrical signal from the transponders and amplifies it to full
transmission strength. The type of amplifier chosen for this mission is a Traveling Wave Tube
Amplifier (TWTA). The TWTA was chosen instead of a solid state amplifier because it allows for
a higher transmission power, and it is more reliable. This comes at the cost of slightly more
weight (~3.5kg vs. ~1.5kg), but this increase is negligible compared huge (~25kg) weight savings
on the high-gain antenna vs. previous missions.
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The duplexer is essentially a switch that manages the flow of data through the antenna. When
there is an incoming signal, the duplexer routes the signal to the transponder for decoding and
shuts off the connection to the amplifier. When there's data to transmit, the duplexer opens the
connection to the amplifier, and shuts off the connection to the receiving circuit. This allows a
single antenna to be used for both transmitting and receiving, saving weight.

Mass (kg) Power (W)
High-gain Antenna 54.19 -
Low-gain Antenna 1 -
Transponders 7 44
TWT Amplifier 3.5 202 
Diplexer .6 -

Total 66.29 246

The probe's communication system is less complicated than that of the lander. The antenna
selected is a circular patch antenna. Patch antennas are ideal for this application. They are
essentially flat plates mounted on a circuit board. This makes it a much better choice than other
choices such as Yagi antennas or parabolic antennas which are both extremely wide and
extremely tall. The probe is a compact package, and the antenna must be as compact as possible.
Patch antennas are also directional enough to not "waste" 90% of its energy radiating
omnidirectionally (away from the lander), yet are not so directional that they require control
mechanisms to steer the beam to the lander. A typical patch antenna has a 3db beam width of
65degrees. 

A smaller version of the transponder used in the lander is included with the probe. Because the
data transmission rate needed is very small compared to other applications, intensive FEC codes
are used. The slower transmission rate means the encoder does not have to have massive
processing power in order to encode large amounts of streaming data. The aggressive error
correction codes ensures the data is transmitted cleanly through the ice. 

The amplifier utilized will be solid state, for its decreased weight, size, and complexity. Because
the probe does not need to accept incoming data, there is no need for a duplexer. The system is
transmitting only. This saves weight, power, and space.

The total estimated weight for the probe communications hardware is 7kg, based on 1.5kg
transponders, 1.5kg amplifiers and a 1kg antenna.

The relay hardware presents the greatest technical difficulty the communications system faces.
Ice attenuates high-frequencies very quickly. It attenuates X-band frequencies (used by the rest
of the vehicle), the most severely. In fact X-bands are used in Earth-based applications to detect
ice in storms. Shown below is a graph of penetration distance vs. frequencies.
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As can be seen, X-Band transmission cannot be used. The solution seems to be the use of low
(~100mHz) frequency transmission. However, the maximum antenna size is limited by the
diameter of the probe (15cm). Thus, the minimum frequency can be no less than 2gHz. This is
not sufficiently low to penetrate the ice completely. The next logical solution is to use a hard line
tether. However, due to the immense gravity of Jupiter, Europa experiences "tides" in excess of
10m. Thus the only solution is the use of relay stations, dropped at regular intervals from the
back of the probe. They receive the probe's data, amplify it, and send it on to the next probe. 

The relay stations look like a hockey puck. 

On the top and bottom are two patch antennas of the same type as used by the probe itself. The
bottom one is for receiving data from the probe, and the top one is for sending data upwards to
the next relay station. This eliminates the need for a duplexer, along with the attendant
complexities. Furthermore, there is no data processing happening (no A/D conversion, encoding,
modulation, etc), therefore no transponder is required. The 65degree beam width of the patch
antennas negates the need for steering mechanisms, further reducing the complexity. The system
must be powered by a radioisotope. This is because the puck must meet a weight requirement of
1kg. The highest energy density batteries available provide ~200WH per kg. Even for a 1W
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antenna, this yields a relay that only lasts slightly over a week. The drilling is expected to last
months. Ultra capacitors are used to store up energy, allowing for powerful transmission bursts to
be made from a steady trickle of electricity.

The pucks are designed with springy metal legs that extend diagonally outward from the puck.
When the puck drops clear of the probe, the legs spring outwards and press against the walls of
the ice. This keeps the puck from floating up or down, and also keeps it pointing upwards,
towards the next puck.

The relays are dropped in intervals such that their coverages are overlapping and double
redundant. For example, if each relay station has a maximum transmission distance of 3km, the
pucks would be dropped at 1km intervals. Thus up to two consecutive relays can either fail (by
being crushed by shifting ice, losing their water tightness, running out of batteries, etc), or be
misaligned entirely and the signal will still get through. Transmission range depends heavily on
two factors: temperature and salinity. The colder the temperature, the further the range. The
higher the salinity the lower the range. Shown below is a graph illustrating the effect of
temperature on transmission range for a fixed salinity.

The estimated mass of each puck is 1kg. Based on an estimated transmission range of 3km, and
estimated ice thickness of 20km, 20 pucks will be needed for a total of 20kg.
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