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SURVEY OF DEVELOPMENTS OF IONIC 
PROPULSION SYSTEMS FOR SPACE VEHICLES

by
Franklin M, Hungerford

ABSTRACT
Studies have shown that nuclear electric propulsion 

systems will provide superior payload capability and unique 
advantages over chemical systems for high-energy deep-space 
missionso

Typical designs under consideration for interplane
tary missions for the next decade employ a nuclear reactor 
providing thermal energy to a turbogenerator system -uhichj 
in turn9 supplies electrical power to an ion engine for 
primary propulsion and additional utility power for guidance 
and control9 powered flight transmission and instrumentation» 

Before a successful flight of a prototype ion engine 
can be accomplished3 the problem areas of the energy source9 
the power conversion system^ the thrust chamber9 the propel
lants 9 and systems integration must be solved to produce an 
efficient ion propulsion system0

This survey is concerned with these problem areas and



presents an analysis of the salient features of the com
ponents and systems 3 the fundamental relationships govern
ing the principles of ion propulsion9 and the general trend 
of current efforts in the field of electrostatic propulsion.

ii



ACKNOWLEDGMENT

The author wishes to express his gratitude to the 
United States Government and specifically to the Department 
of the Army for the opportunity to pursue graduate studies 
in the field of mechanical engineering while on active duty 
as an officer of the Regular Army. He also wishes to express 
his sincere appreciation to Dr. Russell E. Petersen for his 
advice and invaluable assistance during the preparation of 
this thesis.

Finally9 the author wishes to acknowledge his ap
preciation to Mr. Robert J. Beale of the Jet Propulsion 
Laboratory9 Dr. Robert H. Boden of the Rocketdyne Division 
of North American Aviation9 and to Malcolm R. Currie? George 
R. Brewer and Mr. Jesse Jackson of the Hughes Aircraft Com
pany 9 who provided assistance in the form of technical reports 
which otherwise would have been unobtainable.

iii



SYMBOLS AND UNITS

Symbol Units
aj_ cm sec"^ Acceleration
a cm Distance
A Atomic weight
Aj_ cm^ Area of ionizer
b cm Distance
c 3xl010 cm sec”-*- Velocity of light
d cm Distance
E erg Energy
f dynes cm“^ Thrust per cm^
F dynes Thrust
g 981 cm sec"^ Earth's gravity
h 6062x10"^^ erg sec Planck1s constant
i cgs amps cm”2 Current density
I cgs amps Current
k 1o38x10"16 erg grad"-*- Boltzmann's constant
K Equilibrium constant
1 cm length
L erg sec™]- Power
m gm Mass
A gm sec™]-'''cm"2 > Mass flow rate per cm2
ft gm sec™]- Mass flow rate
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Instantaneous mass
Terminal mass

, Propellant mass
Instantaneous mass
Payload mass
Total initial mass
Mass of thrust pro® 

ducing system
Number of particles
Momentum
Perveance
Integer number
Work of ionization
Integer number
Radius of ionizer
Aspect ratio R = ffeid
Field strength S s dU

dx
Time
Temperature
Terminal velocity
Voltage potential
Exhaust velocity
Voltage potential
Statistical weight 

of electrons
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Wi
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Greek Symbols
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Distance
Complex number

Specific power 
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Ratio of densities 
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Degree of ionization 
Charge of electron
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Mass of particle
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Ratio of potentials
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Length
Time
Mass
Force
Energy
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Voltage
Current
Power
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Electric Field 
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Permittivity

METRIC SYSTEM OF UNITS 
COS

Electrostatic
Centimeter
Second
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Erg
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Statvolt 
Statamp 
Erg/sec

Derived Units
coulombs 
second
erg 

coulomb
volt-amps

dyne-cm 
gram cm
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statfarad 
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CHAPTER 1 
INTRODUCTION

a. General
The field of rocket propulsion has experienced a 

remarkable expansion during recent years with the advent 
of the electric rocket engine. The inherent advantage of 
an electrical propulsion system is that it can expel mat
ter at velocities much higher than those obtainable with 
high performance chemical rocket propulsion systems»

A typical comparison of the payload capability of 
a space vehicle propelled by an electric engine9 as com
pared with a chemical rocket and a nuclear gas heated 
rocket for a trip to Mars9 is shown in Figure 1.1 (IK* 
as a function of the specific impulse of the engine.

The most.widely known electrical propulsion system 
is the ion rocket which employs electrostatic accelerations 
of ion beams. An ion may be defined as a particle bearing 
.an electric charge which is formed when a neutral atom9 or 
group of atoms9 loses or gains one or more electrons (2), 
Loss of electrons results in particles bearing positive 
charges. Such a particle is called a cation. Shepherd and

^Numbers in parentheses refer to References.



Cleaver (3) recommend the use of heavy Ions in order to keep 
the ion current low as will be discussed subsequently=

The concept of the ion rocket which will be. used is 
one of a system which includes three major subsystems —  the 
energy source9 the power converter9 and the ion thrust cham
ber, One concept of an ion rocket is summarized in Figure 
lo20 The thrust chamber9 which is the heart of the engine9 
is delineated by the dashed rectangle. It includes an ion 
source and an array of electrodes to focus and accelerate 
the ions and an electron emitter, "Vaporized propellants are 
fed to the ion source where they are ionized either by con
tact with heated metals or by being subjected to electron 
bombardment. The fully ionized propellant is then conducted 
through focusing electrodes and the accelerating electrode 
(which imparts kinetic energy to the ions) and ejected from 
the engine to produce the desired thrust. By this means the 
ion particles can be accelerated to extremely high velocities 
merely by changing the voltage between the emitter and the 
accelerating electrode of the engine. It is possible to ob
tain values of propellant velocity which are higher than the 

/
maximum obtainable from chemical fuels by a factor of 10.9 20 
or more (1)»

The primary source of energy is derived from a high 
specific; power nuclear reactor9 solar energy, chemical bat
teries, or fuel cells. This energy is transferred through 
a single loop system using an alkaline metal as a working



fluid to some type of system which converts this energy into 
electricity (either a rotating turbogenerator or a direct- 
energy conversion mechanism).

Various ion propulsion systems utilizing energy 
sources9 power conversion devices9 and thrust chambers other 
than those previously mentioned have been proposede

Considering these various concepts9 a discussion of 
the design and performance characteristics of an electro
static (ion) engine9 analysis of the fundamental relationships 
governing the principles of electrostatic propulsion^ and the 
current efforts towards the basic problems of ion propulsion 
will be presented. These basic problem areas of ion rocket 
propulsion are:

1. the energy source
2. the power conversion
3o the thrust chamber (which includes problems of 

ion generation^ ion optical characteristics 
and neutralization of the exhaust ion beam)

4. the propellants.
A study of low thrust rocket trajectories was made 

by Tsien (4-) in 1953 = He showed that accelerations as low 
as 10-1+g or 10-5g were sufficient for vehicles to leave a 
satellite orbit and to reach another planet within a reason
able time (2 to 3 years). Electric propulsion becomes prac
tical only after the satellite orbit has been established.

/

Its use will be limited to missions where no gravitational



forces greater than about lO-^g must be compensated directly 
by the thrust forces« The booster requirements to lift the 
electrically propelled vehicles initially into a satellite 
orbit can be met adequately by chemical systems. Thus, it 
is generally agreed, at least for the immediate future, that 
a nuclear electric space vehicle would first be boosted into 
a long-lifetime Earth orbit prior to initiation of the nuclear 
electric propulsion phase of flight. The space vehicle would 
then be separated from the booster, and the electric propul
sion period of flight begun.

Mission considerations indicate that useful scientif
ic measurements could be performed on almost any type of nu
clear-electric spacecraft flight, but it appears desirable 
to concentrate on those missions which are most difficult, 
or impossible, to accomplish with pure chemical systems. Of 
particular interest for early flights are planetary arbiters 
for the near-Earth planets, Mars and Venus;* fly-bys and 
planetary-eapture missions for the more distant planets, 
Mercury, Jupiter, Saturn, et cetera;/ and flights out of 
the plane of the ecliptic (the plane of the earth's orbit 
about the sun) to enable various instruments to "look down"

*Planetary orbiters may be defined as missions in 
which the spacecraft establishes a near circular orbit of 
relatively low altitude about the target planet (5),

/Capture missions may be defined as missions in which the spacecraft matches the planets' orbital velocity such 
that the spacecraft is barely caught in a highly elliptical 
orbit about the planet (5)»
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upon the solar system. Later9 more ambitious missions may 
include separable landing capsules for both the near and dis
tant planets9 planetary orbiters about distant planets s and 
solar probes making close approaches to the sun.
b. Historical

The concept of the ion rocket is not a new one. As 
early as 1906? R. H. Goddard (6) reported that electrically 
charged particles may be feasible as exhaust particles for 
rocket engines. Herman Oberth (7) devoted a chapter to elec
tric propulsion in his book Wege zur Raumschiffahrt published 
in 1929• Recalling an experiment where an electric discharge 
from a needle point produces an "electric wind9" he recom
mended an electric engine which ejects negatively and posi
tively charged particles from porous plates connected to an 
electric power supply. Oberth stated the thrust of such an 
engine would always be small5 but since its propellant con
sumption is low9 it would operate for a considerable time9 
thereby producing sufficient vehicle velocity to make the 
system useful for space missions.

Seifert (8), in his paper "The Physics of Rockets" 
(1947)9 mentioned briefly that "jets of charged particles" 
might be used in a rocket engine9 and emphasized that nega
tive and positive particles must be ejected at equal rates =

The name "ion rocket" was used probably for the first 
time by Shepherd and Cleaver (3) in 1949. They investigated 
the possibility of producing high exhaust velocities by
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accelerating ions with electrostatic fields. Ion velocities 
of the order of 100 km sec“^9 they stateds could be produced 
without the problem of excessive heat transfer to the chamber 
walls which imposes limits to the exhaust velocity of nuclear- 
heated rocket engines. As stated earlier9 they recommended 
heavy ions in order to keep the ion current low and suggested 
that the vehicle5 in order to stay electrically neutral9 
should emit electrons besides ions,

Spitzer (9), in several papers appearing from 19529 
recommended that nitrogen ions be used3 mentioned the limita
tion of ion currents with the ion source because of space 
-charge effects9 and suggested that a nuclear reactor with a 
turbogenerator be used as a power source. He also pointed 
out that the low temperature of the heat cycle should be 
chosen such that the radiation cooler weight would become a 
minimum,

Sanger (lO)mentioned ion rockets in his paper “Zur 
Theorie der Photonenrakete" (1953)« Even though he did not 
elaborate on ion rockets9 many of his equations and state
ments are generally valid and can be immediately applied to 
ion rocket engines.

In 195^9 the first comprehensive study of an elec
trically propelled space vehicle was published by Dr, Ernst 
Stuhlinger (11)9 Army Ballistic Missile Agency9 Redstone 
Arsenal, Alabama, With solar energy as a prime source of 
power9 the system was shown to produce theoretical vehicle
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accelerations of the order of 10~5g to lO^g § and payload to 
initial mass ratios of about Is5 on interplanetary trips9 
based on technologies which appeared realistic at that timeo 
The study pointed out several characteristic features of 
ionic propulsion which have since been accepted as basic 
facts of electrical propulsion;

lo The most significant design parameter of an
electrically propelled vehicle is the "specific 
power" of the powerplant9 measured in kilowatt 
power output per kilogram mass of the plant,

2, There exists an optimum exhaust velocity for
any given mission and specific power which makes 
the ratio of the payload to total mass a maximum, 

3o The design and operation of the ion source and 
thrust chamber are governed by the effects of 
space charges9 which demand that the acceleration 
chambers be very short9 and that the charges with
in the ion beam be neutralized immediately after 
leaving the acceleration chamber by admixture of 
electrons.
The mass-to-charge ratio of the exhaust particles 
should be large,

5b The most promising propellant is cesium which 
possesses a low ionization potential and ionizes 
very readily upon contact with hot surfaces of 
tungsten or molydenum.
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6«, The size of the radiation cooler should be deter

mined as an optimum compromise between two op
posing requirementsg a large size at low temper
ature for high thermodynamic efficiency of the 
heat engine cycle; and a small size at high tem
perature to keep mass and meteor 'damage low,

A second paper (12) in 1955 presents design and per
formance data of an electrically propelled vehicle with a 
nuclear power plant. A number of subsequent papers (13) by 
Stuhlinger elaborated on technical details of design and per
formance optimization^ and on the application of ion propul
sion systems to space missions like manned flight to Mars9 
unmanned lunar ferry vehicles; controlled satellites, and 
orbital transfer. ■ i

Langmuir (14), Irving (15)9 and Bussard (16) pointed 
out the great importance of the specific power of the power 
plant, and of the proper optimization procedures which take 
into account the mission of the vehicle, the specific power, 
the exhaust ,velocity, and the payload to total mass ratio.
It was shown that a vehicle with programmed exhaust velocity 
may be superior in some respects to a vehicle with constant 
exhaust velocity.

Dr. Robert H. Boden (17), Rocketdyne Division, North 
American Aviation, Inc., published in 1957 a study of the 
ion rocket engine. The usual relations of an electrically 
propelled vehicle, such as the power-to-total mass ratio,



the thrust to total mass ratio9 the power to thrust ratio9 
the specific impulses and the total operating time 9 were 
expressed as functions of one characteristic parameter9 the 
voltage to particle mass ratio V/A. The parameter is pro
portional to the snuare of the exhaust velocity«

Around the year 1957? interest in electric propulsion 
systems began to increase at a remarkable pace0 A number of 
companies started experimental studies of ion motors and now 
approximately thirty companies in the United States are ac
tively engaged in experimental ion engine work9 some under 
government contracts„ It is believed that the first ions pro
duced with the idea of vehicle propulsion in mind were gen-' 
erated at the Rocketdyne Research Laboratories0 The first 
flight test, probably in late 19629 with a 1 to 2 kw power 
source9 is scheduled to be a Ehghes Aircraft Company cesium 
ion engine and a mercury fueled bombardment-type.ion engine 
developed at MSA's Lewis Research Center. A complete ion 
propulsion system9 including a nuclear-electric power supply9 
may be tested as early as 196.5o



CHAPTER 2 
FUNDAMENTAL RELATIONS

a. General
Ion rocket engines eject electrically charged par

ticles, the force accelerating the exhaust particles being 
provided by an electrostatic field. The beam of the charged 
particles carries electric power. The velocity is related
to the voltage and the rate of flow of the current according
to the equations (18)*

I - N£ ■ M*. 2.1 „

u « v£ ^  2.2.
2 'e

and
L = IU - v2 M . 2.? ,

2

Because of their mutual repulsion, electrically 
charged particles cannot be stored in appreciable amounts. 
They must be produced by ionization of neutral particles 
immediately before they are exposed to the accelerating 
field. Ionization of atoms, molecules, and even heavier 
particles, can be achieved by a number of methods. One 
or more electrons are stripped off the neutral particle,

* All symbols are listed on pages iv, v and vi.
10



which then remains as a singly or multiply-charged positive 
ion.

Both the electron and the ion must be ejected from 
the vehicle in order to keep it electrically neutral. The 
distribution of total power available for the acceleration 
of the exhaust particles for maximum thrust can be shown by 
the following derivation. The momentum increase p^ of an 
ion is

Pi yXivl 2.4
and the momentum pe of an electron

Pe sy#eve • 2.4e.
The energies of the particles are

Ei =#i  vi2 2*52
and

Ee ve2 . 2.5a,
2

Since the number of particles which leave the ship per second 
must be the same for both particles (8) and assuming the 
power per particle are the same

N — N@ — N 2.6
we find for the power

- 2 2 7



12
The thrust F by the particles becomes

Fi =/<ivi^ r 2.8
and

F© *//eve^ • 2.8a,
Therefore, with equations 2.5, 2.7, and 2.8 the ratio of

J-L. ="1 A L -  2.9Fe j / /<. e
provided the number of particles per second and the power 
per particle are the same. In a system utilizing cesium 

= 133) as a propellant, the thrust ratio
F1
Fe

Thus it is seen that the electrons do not contribute ap
preciably to the thrust of an ion engine. Therefore the 
largest portion of the power should go into the acceleration 
of the heavy ions. ’

Thrust and specific impulse are usually chosen as 
criteria in specifying the performance of a rocket. Mission 
analyses show that the flight time for a given mission is 
dependent almost entirely on the thrust level, whereas the 
mass which can be carried (payload) is dependent on the 
specific impulse. The reason for this dependence is as 
follows: the higher the value of specific impulse, the less
propellant that must be used for a given thrust; therefore, 
a higher fraction of the initial weight of the rocket can 
be carried as payload. The acceleration of the vehicle is
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directly proportional to the thrust level, and therefore the 
flight time over a given distance is to first order inversely 
proportional to the square root of the thrust level,
b. Thrust

The thrust of a rocket motor, according to Newton1s 
basic law of mechanics, is equal to the rate of change with 
respect to time of momentum imparted to the exhaust particles. 
The thrust F is simply

F = d (Mv). 2.10
dt

Assuming that the exhaust velocity v is a constant and there
fore v « o, the thrust becomes

F = Mv. 2.11
M is the mass flow rate of the ions and v the velocity to 
which the ions are accelerated by the electrostatic field. 
Using equation 2.3 we can rev/rite equation 2.11

F =lT2 ML . 2.12
Since the average mass flow rate M is the ratio of total 
propellant mass and the total time of propulsion 1T, the 
thrust may be written as:  - -X

F =1| 2 . 2.13
This equation states that if M and L are constant the thrust 
of an ion motor depends on the total electric power, the 
total propellant mass, and the total time of operation, and 
not on the particle size of the propellant material, or the 
accelerating voltage. The choice of the propellant material
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merely determines whether the ion motor is a high-current, 
low voltage device, or a low current, high voltage device 
(equations 2.1 and 2.2). Since L = IU (equation 2.3) and 
recalling equation 2.1, the following equations result which 
show the relations between the characteristic ion parameters 
e. and/r, the current I and voltage U:

F =| 2LI 2.14
and

F =11 21/ zy . 2.15■ f¥F -
Thus, for a large mass^/t of the individual propellant par
ticles, the current will be low, and the voltage high; for 
a smallyf , the opposite will be true. However, as long as 
the total power, total propellant mass, and total time of 
operation are given, the thrust does not depend on theC^CC 
ratio of the propellant particles.

This latter statement is true only as long as second
ary effects of the propellant particles are not taken intol
consideration. These effects will be discussed in Chapter 4.

The mass of the ion motor must be considered as well 
as its thrust. A high-current type ion motor requires a 
large number of individual ion sources and thrust chambers 
(18), resulting in a heavy motor assembly. The motor size 
would become smaller if the ion current density were increased, 
but this would require a higher voltage and a smaller mass 
of the propellant particles. Increase of the voltage is
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limited by the danger of voltage breakdown between the elec
trodes, and along the structural elements of ion source and 
thrust chamber. However, lowering the voltage increases the 
difficulty of forming a well defined ion beam, and of pre
venting ions from striking and eroding structural parts of 
the thrust chamber as will be shown during the discussion 
of ion optical considerations. The selection of the power 
level, the rate of mass flow and propellant material are the 
result of an optimization procedure depending on the mission 
of the vehicle and other technical details. Optimization 
procedures will be discussed in Chapter 7.
c. Specific Impulse and Characteristic Velocity

The performance of a rocket propelled body in free 
space can be expressed as (19)

u = v In Mo 2.16
" W

where M0 and Me refer to the initial and terminal mass, v 
the exhaust velocity and u the terminal or characteristic 
velocity.

Since specific impulse is defined as the thrust per 
unit of propellant weight flow rate

Isp = F = v 2.1?
W g

the characteristic velocity may now be written in terms of 
the specific impulse ,

u = g Isp In Mq . 2.18
Me
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Thus, for a given characteristic velocity, a slight 

change in the specific impulse can be balanced only by a 
large change in the mass ratio. A given velocity increment 
is therefore achieved more efficiently with a system having 
high specific impulse. For the electric propulsion systems, 
the specific impulse ranges between 1,000 and 20,000 seconds, 
while for chemical systems the specific impulse is under 
500 seconds• Hence, for a given characteristic velocity the 
electric system requires considerably less propellant mass 
than a chemical system. Then extremely large terminal velo
cities are required, typical of ambitious missions mentioned 
earlier, the use of very high specific impulse electric sysems 
appears as a solution to avoiding large mass ratios,
d . Specific Power

The power required to accelerate the particles is 
proportional to the product of the thrust and velocity as 
can be seen by equation 2.3. The weight of the nuclear 
electric power supply increases roughly in proportion to 
power. This power to weight ratio

<p< = L__
Mp

is designated as the specific power of the power plant or 
of the thrust producing system which includes the thrust 
chamber. The specific power of the thrust producing system 
is about 10$ smaller than the specific power of the power 
plant only. This 10$ variance is within the limits to



which the specific power of a space power plant can be esti
mated at the present time (18)« The values of d  considered 
in available literature range from 0.02 to 0.2 kilowatt per 
kilogram.



CHAPTER 3
BASIC FEATURES OF IONIC PROPULSION SYSTEMS

a0 Systems and Components
Table 1 lists the major systemss subsystems and 

components of significance of a nuclear-electric space
craft o

Only two energy sources appear promising today for 
electric propulsion systemsg, the sun3 and a nuclear re
actor o Chapter 5 will discuss the problems of energy sources 
but for purposes of discussion a nuclear-reactor energy 
source with a turbogenerator power conversion device will 
be used» The following system engineering concepts were9 in 
part, suggested by R. J„ Beale (5)t

1. A typical nuclear-reactor energy source may
range in size up to about 20 inches in diameter 
by 30 inches in length9 with coolant outlet 
temperatures up to 2000oFo 

20 The turbogenerator units probably will be in
stalled as counter-rotating pairs to minimize 
gyroscopic effects upon the spacecraft’s at- 
titude-stability characteristics| one unit may 
range in size from 30 inches in diameter by

18
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*4-0 inches in length to 30 by 70 inches 9 depend
ing on the power level required0 High tempera
tures and some radiation are also characteristic 
of these devices0 

3 o The primary nuclear-radiation shield will gen
erally be located adjacent to the reactor= It . 
Will require active cooling or9 at leastc, the 
ability to radiate heat to space0 This heat is
acquired both by thermal radiation and by gamma-

1ray absorption by the shield material= A typical 
shield thickness may range from 205 to 3=5 feet9 
depending upon the particular reactor in use and 
the required operating lifetime of the spacecraft 
systems»

4 0 The primary heat-rejection radiators? which are 
required by the thermal-to-electrical conversion 
cycle5 will probably operate at temperatures of 
about 700°F and will involve the installation of 
large surfaces which9 because of their vulnera
bility to micrometeorite damage9 will require 
special protection considerationso Radiator 
areas-may vary from 1000 square feet to over 
3500 square feet, depending upon operating temp
eratures and power level,

5o The power conversion equipment will be both temp
erature- and nuclear-radiation sensitive. This



equipment should be both shielded and cooled0 
Power losses of up to 10 per cent of 60 kilo
watt to 1 megawatts depending upon the space
craft operating powerg indicate the magnitude 
of the cooling problem. Closely regulated mul
tiple voltage output levels9 ranging from kilo
volts for the ion-engine supply down to 28 volts 
for utility functions9 will be characteristic.
The heat released by the power conversion system 
transformers and rectifiers9 as well as other 
.electronic components9 may require secondary 
radiating surfaces at relatively low operating 
temperatures with active cooling loops. Temp
eratures of 200 to 600OF9 with areas of 100 
square feet to over 1500 square feet9 might be 
expected. Micrometeorite protection must also 
be considered for the secondary radiators due to 
their large surface area.
The primary ion motor will probably consist of 
a cluster of smaller modular motor assemblies and 
may range in total frontal area up to 15 square 
feet. The cluster will generally be located so 
as to facilitate thrust-vector control of the 
spacecraft.
Propellant tanks for most propellants under con
sideration will usually be operated at elevated
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temperatures to produce the desired feed pres
sures and must function in essentially a zerp-g 
environmentso The size of the propellant tank 
will obviously be dependent upon the propellant 
selected and the total quantity required by the 
mission. The propellant for an ion engine is 
stored in liquid or solid form, and most be 
"atomized” before entering the ion source by 
vaporizations by spraying or by other techniques 5, 
depending upon the nature of the propellant. In 
the case of cesium9 a temperature of the order 
of 320°F will produce the desired vapor pressure 
(18),

9o The electronic equipment3 which would include 
the guidance and control systems9 functional 
instrumentation and telecommunication Equipment9 
and the scientific payload9 will be both radiation- 
and temperature-sensitive and must be appropriately 
located9 cooled9 and shielded9 as in the case of 
the power conversion components. The cooling re
quirements for this equipment would probably be 
met by a common cooling system. Typical volume 
requirements for the electronic equipment might 
run from a few up to 60 cubic feet9 depending up
on mission and power levels. Small sections of 
secondary nuclear-radiation shielding might be
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utilized within the electronic packages to pro
vide additional protection for some highly sensi
tive components. A steerable high-galn parabolic 
antenna of about 10 feet diameter will generally 
be employed by the communication equipment,

10. The structure must be light-weight, strong and 
must maintain its integrity under high tempera
ture gradients and intense nuclear-radiation 
fluxes. Structural elements play a minor role 
as gravitational forces will not act on the ve
hicle, and inertial forces will always be smaller 
than those in chemically' propelled vehicles by 
a factor of the order of 10^. Power plant com
ponents could act as structural members.

The payload of a space vehicle should be considered 
as its most essential part because it characterizes the mission 
and justifies the flight. The guidance equipment, communica
tion equipment, scientific Instruments, probing and landing 
vehicles, crew (in advanced spacecraft), and accomodations 
for crew, are combined into a general expression for payload 
Ml. The total initial mass of the vehicle then results in,

M0 « Mp-t- Mp -t- M l 3 •!

where Mp * mass of propellant and Mp * mass of the thrust- 
producing system, consisting of energy sources, power con
version systems, thrust chamber, and structural elements. 
Combination of the above systems into one figure Mp proves



23
advantageous as it permits derivation of simple formulas for 
the optimization of performance and mass ratios (Chapter 7)• 
This combination appears justified because the mass of each 
of these three components is very nearly proportional to one 
fundamental variable, the total power L of the electric power 
supply (18). The empty or burnout mass Me of the vehicle 
will be

^  = Mp-t- Ml. 3.2

While the mass ratio M0/Me is a very convenient figure in 
the analysis of chemical rockets, the ratio Mq/M^, total mass 
to payload mass, is more appropriate for the analysis of 
ionically propelled space vehicles, 
b. Integration of Components

From the preceding discussion of the items to be 
integrated into an ionically propelled spacecraft, general 
design rules from the physical and operational characteris
tics of these items can be established (5).

The elevated-temperature devices should be located 
together at one end of the spacecraft along with the primary 
high-temperature heat-rejection radiators. The primary 
sources of spacecraft-generated nuclear radiation are also 
high-temperature components and hence, form a logical grouping 
at the high-temperature end.

The temperature-sensitive devices, which tend to be 
sensitive to nuclear radiation as well, such as the electronic
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equipment 9 pov;er-rectiflcatidn units 9 et cetera9 should then 
be placed with a lower-temperature secondary heat-rejection 
radiator at the maximum practical separation distance from 
the higher-temperature items»

Those components which require nuclear-radiation 
shielding should be located in as small a shadow cone angle 
as possible in order to reduce primary-shield weight„ In 
addition9 other components which may not be particularly 
sensitive to radiation should also fall within the primary 
shield shadow cone or should? at'least9 present the minimum 
possible cross-sectional area for radiation scattering. The 
primary shadow shield should be positioned at the hot end of 
the spacecraft9 close to the major radiation source - the 
nuclear reactor - to provide the largest shadow-cone area in 
the vicinity of the sensitive equipment for the smallest pos
sible total shield mass.

The primary-thrust cluster should be located near the 
ion motor control equipment on the cooler end of the space
craft to minimize the length of the sensitive motor control 
circuits. The thrust vector must obviously pass through the 
spacecraft center of mass.

The propellant load9 which represents a significant 
changing quantity of mass during the flight9 must be placed 
relative to the primary thrust axis and the spacecraft center 
of mass so as to minimize changes in control stability as the 
propellant is consumed. Location of the propellant mass
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"between the hot and cold end of the spacecraft can provide 
some shielding aid.

The primary communication antenna must be positioned 
on the spacecraft to avoid interference from the thrust unit 
beam; that is5 the antenna should not be required to point 
through the beam, nor parallel to it, when communicating back 
toward Earth0 i

To achieve high radiation efficiency, the high temper
ature and low temperature radiator surfaces should not "see" 
each othero In addition, each radiator panel should be orien
ted to minimize the possibility of one portion of a given 
radiator "seeing" another part of the same radiator or other 
equipment on the spacecraft0

Radiator panel orientation must also take into con
sideration the effect of the Sun's thermal radiation load and 
the probability of micrometeorite impact0 Ideally, the loca
tion of all of the radiator panels, both high and low tempera
ture, in one plane (the plane of the ecliptic) will reduce 
the Sun load and may decrease the meteorite hazard0

The configurations should be capable of folding into 
a package of reasonable length and diameter and be capable 
of high acceleration loads in order to be compatible with 
the various booster vehicles which may be employed to place 
them into an orbit0



CHAPTER 4 
PROPELLANTS

a. Particle Size
The thrust of an ion engine (equation 2.12) is a 

function of the mass flow rate and the total power, but is 
independent of the particle size. Light particles result 
in a low voltage, high-current device, whereas heavy par
ticles require a high voltage, low current system. The 
thrust of an ion engine remains the same as long as the 
rate of mass flow and the total power in the beam are the 
same. It is obvious then that the propellant material must 
be selected according to secondary requirements. A number 
of these requirements exist which reduce the list of promis
ing propellants considerably.

First, the current density within an ion source and 
an ion thrust chamber is limited by the effects of the space 
charge (9). The larger the ratio of total current to current 
density, the larger and the heavier is the assembly of ion 
sources and thrust chambers in an ion engine. The maximum 
current density 1 of an ion flow is given by the Child- 
Langmuir law (21, 22);

i -- i z p :9;t|/a  I P
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where d is the distance between the ion source and the accel
erating electrode.

Since
L = IU = M 6T_ U

then
U = -L- A

M ’ ^
and considering L, M, and d as constants

Therefore, the current density is proportional to the particle 
mass, and hence the total area^cross-sectional^ of ion beam 
required for a given total current is inversely proportional 
to the particle mass. For this reason, a large particle mass 
is desirable.

Secondly, the voltage that can be applied across the 
thrust chamber is limited. If it is too high, breakdown will 
result, the breakdown voltage (voltage at which the dielectric 
medium loses its insulating property) depending upon the mate?-- 
rials which are exposed to the high field strength, and on the 
design of the thrust chambers.

Thirdly, the ion source should be simple, durable and 
efficient. The atoms of all the elements can be ionized in 
principle but only a few are efficiently ionized. The ion 
source should require only little power to operate, it should 
ionize a large percentage (95 - 100%) of the propellant

72 1^ = constant /d
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particles, and it should produce the ions at a well defined 
place and with a low initial velocity in order to allow the 
formation of a well collimated ion beam. Also it is important 
that the source produce only ions of the same€.//CC ratio. If 
the accelerating voltage is optimized for one specific 6T//6 
ratio, ions of different if present, are not subjected
to their optimum accelerating voltage and therefore do not 
contribute to the thrust in the most efficient manner.
b. Alkali Metals

cause of their low boiling point, ease of ionization in any 
type of source, and high efficiency of ionization, particu
larly in surface contact sources. Cesium (atomic weight 
132.9) undergoes 100 per cent ionization on tungsten metal 
over the temperature range of 1700°F to 3200°F. Rubidium 
(atomic weight 85*5) exhibits the same high ionization over 
a narrower temperature range, 1700°F to 2100°F. Lower atomic 
weight alkali metals do not approach this efficiency of 
ionization (23).

Particles larger than molecules, such as dust, colloids,
or droplets, have been suggested for ion engines. While their 
comparatively large mass (up t o ^  1,000,000) makes the prob
lem of space charge almost negligible, colloidal particles 
seem to have two decisive disadvantages (18). First, it may 
prove very difficult to ionize a sufficiently large percentage
of the particles so that they have a uniform f ' ratio; and

The high atomic weight alkali metals are popular be
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secondly, the required accelerating' voltages are of the order 
of lO* to 106 volts, which may make a voltage breakdown un
avoidable.

It will be shown in Chapter 7 that an optimum exhaust 
velocity exists for a given mission of the vehicle and for 
the specific power of the power plant. In figure 4.1, exhaust 
velocities are plotted against accelerating voltages with the 
propellant particle mass as a parameter. The region of 
typical optimum exhaust velocities ranging from about 2 x 10^ 
to 5 x 10? cm sec"l and the region of accelerating voltages 
which is desirable for practical engineering purposes are 
indicated on the diagram. This diagram implies that particles 
between^2;10 and^si^OOO will be the most useful ones for ion 
engines. The choice of cesium as a propellant is favorable 
from the standpoint of accelerating voltage and optimum ex
haust velocity,
c. Cesium

The process of cesium ionization by contact with a 
hot tungsten surfaces meets the requirement of easy, highly 
efficient ionization. It can be carried out at a well de
fined and carefully shaped equipotential surface. This emit
ting surface can form the basis for accurate design of the 
ion-optical characteristics of the accelerator, which will 
be described later.

Cesium is a silvery white alkali metal resembling 
rubidium and potassium. It is the heaviest of the known



members of the alkali series of metals9 softest of all solid 
metals and must be kept out of contact with air or water9 and 
is the most electropositive of all metals= Cesium is the 
thirty-seventh element in abundance in the earth's crust9 
but it is never found in large quantities«, The price is about 
$14 a gram (2)» One of the several troublesome properties of 
cesium is its rapid corrosive action on glass9 metals3 et 
ceterao This creates many metallurgical problems and requires 
a very careful choice of materials for use in the engine con
struction* Other propellant materials are being investigated 
and may eventually replace cesium, but cesium, at present, 
apparently represents the best compromise and will be used in 
almost all of the first generation ion engines* As an indi
cation of the quantity of cesium required for an anticipated 
space mission, a trip to Mars with an engine producing a 
thrust of 0*1 pound will require about 500 pounds of cesium (1)*



CHAPTER 5 
POWER SUPPLY SYSTEM-

a. General
The power supply system will comprise the prime 

source of energy and the power conversion plant which de
livers electric energy of the desired voltage and current.
It appears that9 at least for the immediate futures the 
power sources for deep space propulsion will probably em- . 
ploy a nuclear reactor providing thermal energy to a mechan
ical power conversion system which$ in turn, would supply 
electric power to an ion engine for primary propulsion and 
additional utility power for guidance and control, radio 
transmission during powered flight, instrumentation, et 
cetera. Later systems will employ more advanced direct 
conversion cycles which will eliminate many of the problems 
associated with rotating machinery, Powerplant specific 
weights of about 50 Ib/kw at first, gradually improving to 
10 Ib/kw, appear feasible, ' Table 2 is a summary of the power 
sources considered for electrical powerplant systems,
b. Chemical Power

Systems using chemial power are electro-chemical 
types, where batteries or fuel cells directly convert

31
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chemical into electrical energy9 and combustion types that 
use thermal energy of chemical reactions0

Chemical batteries are reliable and inexpensive but 
are heavy and capable of providing a relatively low peak 
power for short periods. Silver zinc cells can provide 4-0 
to 50 watt hours per pound (24)3 but this is far less than 
required for electric propulsion systems.

The turbines driven by a gas generator give a good
power yield for short periods of time9 but the systems are

)

heavy9 have too short a life, and require too much fuel *.
Fuel nells have conversion efficiencies of greater 

than 70 per cent and provide the greatest advantage over 
conventional batteries when loads are moderate over a con
tinuous long period (25). Most promising spacecraft appli
cations are considered to be the primary hydrogen-oxygen 
fuel cell with an output of 500 watts for several days to 
3 weeks, 
co Solar

Solar power for ion engines is a possibility^ but 
probably only for power levels of the kilowatt range. The 
use of solar energy is attractive for small propulsion sys
tems and for applications in vehicles where size and a small 
thrust to weight ratio are not serious limitations. Due to 
the small flow' of power from the sun, huge areas of mirrors 
or solar cells would be necessary to supply the power required 
for an interplanetary propulsion system.
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A number of different methods exist to convert solar 

radiation into electricity? photovoltaic cells9 thermocouples9 
thermionic generators9 or heat cycle engines with turbogenera
tors «

Photovoltaic cells with an average efficiency ap
proaching 11 per cent have been fabricated from germanium9 
silicon9 cadmium9 sulfide9 cadmium telluride, gallium arsenide9 
indium phosphide9 and other materials0 The collector area 
for a one pound thrust engine having a specific impulse of 
109000 seconds would be approximately l69OOQ square feet 
within the earth’s orbit and if constant thrust is maintained9 
this area increases to 369000. square feet in a Mars orbit (26)„ 
Of greater interest might be a solar-powered thermionic or 
thermoelectric converters„ Efficiencies up to 30 per cent 
or more may eventually be obtained 9 however 9 a Mars vehicle 
would still need a total mirror area of approximately 12 9000 
square feet near the earth9 and twice as much for the same 
power at the distance of Mars»

Thermoelectric and thermionic converters should oper
ate at high temperatureso Solar radiation would be concentrated 
by a mirror9 or possibly a Fresnel lens9 and would heat the 
hot region to a temperature as high as acceptable from a ma
terials standpointo The cold region must be cooled9 either 
by direct heat emission9 or by a cooling cycle0 The output 
power of thermoelectric converters is proportional to the
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factor

(Th - Tc)
Th

where is the temperature of the hot region and Tc is the 
tern:erature of the cold region.

Solar-thermoelectric systems may be used where their 
disadvantage of large collector area is offset by their light
weight. General Atomic is developing a flat-plate where there 
is no concentrator and the orientation can be varied *t 10 
degrees without a significant decrease in power output. The 
device is an aluminium sandwich of lead telluride and zinc 
antimonide thermoelectric elements. Although efficiency is 
only 2 to 2.5 per cent, the specific weight is 50 Ib/kw (27)•

A preliminary design of a closed cycle gas turbine 
power converter for a one pound thrust engine indicates a 
minimum radiator area of approximately 700 square feet to 
reject waste heat. The maximum operating temperature is 
l400°F and the over-all efficiency is 8 per cent. The solar 
collector area for a one pound thrust engine system incorpor
ating this converter would be 20,000 to 22,000 square feet 
within the earth's orbit (26).

Solar-mechanical systems under development include 
a 3-kw mercury vapor turbine system and a 15-kw rubidium 
vapor turbine system (27).
d . Nuclear

Radio-isotope thermal energy can be converted into
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electrical energy by thermoelectric and thermionic converters 9 
or used to decompose lithium hydride into lithium and hydro
gen in a regenerative fuel cell, (28), Radio-isotope systems 
are designed for the range from a few watts to several hundred 
watts; isotope-thermoelectric systems will probably be com
petitive with solar cells and solar thermionic sources in the 
range between 100 watts and 1 kw0 Above that, radioisotopes 
become impractical and somewhere between 5 and 30 kw there is 
probably an upper limit to the use of solar sources. Thus, 
the region over 30 kw will most likely be dominated by nu
clear reactors.

The fusion reactor is now an unknown quantity when 
considered for application in an electrical rocket engine 
system. Because of the anticipated power levels and the 
energy levels of the particles produced9 direct use of the 
particles to generate reactive thrust appears to be a more 
logical application than converting energy to electrical 
power and then accelerating the same, or other particles (26). 
There are so many unknown factors and problems in the develop
ment of fusion reactors that pertinent design parameters have 
not been established.

A nuclear fission reactor appears to be the most pro
mising energy source for immediate application to the ion 
rocket. One pound of fissionable material is capable of pro
ducing about 107 times more energy than one pound of coal.
The overall size and mass of a nuclear power reactor are
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determined by its power level and its operating temperature9 
but they are almost Independent of the total energy the re
actor is expected to deliver.

One of the characteristic design parameters of a 
power reactor is the power generated per unit reactor mass. 
This figure is equivalent to power that can be removed from 
the unit reactor mass under steady state conditions9 and de
pends primarily on the nature of the coolant9 the heat trans
fer coefficients9 and the design of the cooling systems. The 
heat power that can be generated per kilogram of reactor core 
mass is an amazingly large figure; fast reactors with sodium 
coolant have been operated at b megawatts heat output per 
kilogram of core material (18),

Liquid metals have special interest as coolants.
They have excellent thermal properties9 high thermal con
ductivity 9 low vapor pressure and relatively high specific 
heats. The liquid metals are stable at high temperatures 
and in intense radiation fields. The main disadvantages' lie 
in the difficulty in handling and in the corrosive problems 
of some materials at high temperatures.

Attainment of low weight nuclear reactors for the 
ion engine application appears possible from consideration 
of core sizes9 specific power9 and structural details of 
reactors for which information has been released. The active 
core of the Materials Test Reactor (17) is contained within 
a 30 inch cube and is capable of developing 309000 kw of.
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thermal power. Cores of fast reactors are quoted to have 
core sizes ranging from 6 inch by 6 inch cubes to the size 
of footballs, depending on the power output. Such cores, 
adapted for use with the liquid metals for heat transfer 
and incorporating shielding and light metal reflectors, 
are estimated to be of such a weight that an overall specif
ic power of p .08 to 0.16 lew can be achieved. This results 
in a vehicle thrust-to-weight ratio in the neighborhood of

Power conversion systems for an ion rocket have been 
narrowed down to closed cycle turbine systems. Mechanical 
systems for converting heat to mechanical energy include gas 
cycles (the Brayton cycle), and condensing cycles (the Rankine 
cycle), both single loop and binary.

The Brayton cycle is an air-standard cycle composed 
of two reversible constant-pressure processes and two re
versible adiabatic processes as shown below.

b
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Pressure-volume Temperature-Entropy
diagram diagram
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A flow diagram for a cyclic gas turbine plant using 

the Brayton cycle is also shown below. The compressor work 
Wc is taken from the turbine work Wrp, leaving the net work 
W available for other uses.

Heat Input From Reactor

Heat Exchanger

Compressor Turbine

Heat Exchanger

Heat Rejected 
To Radiators

GAS-CYCLE TURBINE 
A Brayton cycle working fluid that directly transfers

heat from the nuclear reactor requires the following charac
teristics: 1) stability under nuclear radiation, 2) a low
neutron absorption cross section, 3) low chemical activity,
4) compatability with structural materials, 5) good heat 
transfer properties, and 6) low density. Hydrogen, helium, 
carbon dioxide, nitrogen, and air satisfy these criteria. 
Helium is superior (26).

The ideal Rankine cycle consists in general of 
(a) reversible adiabatic expansion, starting at the state 
at which the fluid enters the turbine and ending at the 
lower temperature and pressure limits of the cycle; (b) 
reversible constant pressure heat transfer jhom the fluid, 
ending at the saturated liquid state; (c) reversible
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adiabatic compression of the liquid, ending at the initial 
pressure; (d) reversible constant pressure heat transfer to 
the fluid and, perhaps, further superheating of the working 
fluid of the cycle at a constant upper pressure. This occurs 
through the addition of energy from the source whereby the 
fluid is brought from the lower to the upper temperature 
limit of the cycle.

The Rankine cycle is plotted on the pressure-volume 
and temperature-entropy planes below. The numbers on the 
plots correspond to the numbers on the flow diagram shown.
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Vapor Cycle Flow Diagram
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In the actual RankIne cycle the influence of the 

pump upon the cycle is negligible because the pump work is 
so small,

Rankine cycle working fluids must have the charac
teristics of the gaseous working fluids, and, in addition, 
the characteristics of 7) high latent heat of vaporization,
8) a vapor pressure sufficiently low at reactor temperatures 
to avoid heavy pressure shells, and 9) a vapor pressure suf
ficiently high at condensing temperatures to avoid cavitation 
and other pumping problems. Water, the alkali metals, and 
their alloys - sulphur and phosphorous - are materials which 
satisfy these requirements to some degree (26),

Because of its relatively larger "back work" (com
pressor work), the turbine utilizing a gas cycle must use 
machines having a power rating of five to ten times the net
cycle power rating, and the efficiency of these machines
must be very high to obtain a satisfactory plant efficiency. 
In fact, the Brayton cycle efficiency,

T) = Wnet - hb - hc - ha .4- hd
Ql hb - ha

where h is the enthalpy, may be very small with compressor
efficiencies of 60 to 70 per cent. Machine efficiencies 
from a thermodynamic viewpoint serves to compare the actual 
machine (pump or compressor) to the specified idealized 
machine. With a vapor cycle a machine efficiency of 60 to 
70 per cent would give a cycle efficiency of almost 60 to 70



per cent of the reversible cycle efficiency (43)= In addition 
to the efficiencies9 the potentially lower operating pressures 
for a given efficiency9 lower radiator requirements and less 
heat demands of the Rankine vapor cycle (17)9 indicate that 
the vapor (Rankine) cycles are superior to gas (Brayton) 
cycles»

Reactor-turboelectric systems under development include 
the 30 to 60 kw (SNAP 8) power supply to be utilized as the 
power source for a ion propulsion system„

Thermionic conversion is considered promising for 
electrical propulsion after 1965= A reactor-thermionic 
system might produce megawatt power at 7 pound per kilowatt



CHAPTER 6 
THRUST PRODUCING SYSTEM

a. Space Charge Effects
In contrast to the flow of neutral particles, the flow 

of particles which are electrically charged with the same 
sign is influenced by the strong repulsive forces between 
the particles• The space charge generated by the charged 
particles limits the current density of the flow to an 
upper value which is determined by the specific charge 
of the particles, the potential difference U which accel
erates them, and the distance d which they traverse during 
this acceleration (i.e., the distance between the ion emitter 
and the accelerating electrode).

An expression for the maximum current density from a 
plane ion source, producing ions of a uniform ratio and 
with zero initial energy, was derived by Child (21) and 
Langmuir (22). This "space charge law,"

is one of the classics of electron physics.
Equation 6.1 permits the derivation of an expression 

which describes the thrust per square centimeter that is

1 = II p L *= ' w^ z 6.1

b2



developed by a thrust chamber as a function of field strength. 
Such an expression is of interest because the field strength 
to which structural elements of the ion source of the thrust 
chamber can be exposed is limited by the danger of an elec
trical breakdown.

where S equals the field strength.
Equation 6.4 is shown graphically in figure 6.0.

Thus the maximum thrust per square centimeter of ion beam 
depends only on the field strength and is independent of the 
C  ‘ ratio of the particles. The field strength should not

prevent arcing (18).
In case the field strength within the ion source and 

thrust chamber is so small that it is not the limiting fac
tor, equation 6.1 can also be written

Letting
i = E £

A
6.2

f = vm 6.3
and recalling that

2.2

the thrust per square centimeter can be written 
f = 2 U2 = 2 S2 6.V9/T d2 9/P"

be greater than about 5 x 10^ to 10^ volts cm~^ in order to
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by substituting equation 2.2 into equation 6.1. It will be 
shown subsequently that the exhaust velocity v has an optimum 
for each flight mission and therefore may be considered as a 
constant in equation 6.5 above. The distance d may also be 
considered as a design constant. Thus the maximum possible 
ion current density 1 is then proportional . This again
stresses why a large/*/£ is desirable in ion engines. This 
discussion of equation 6.5 is valid as long as the acceler
ating voltage necessary to produce the desired exhaust velocity 
v is not too great.

From equations 2.1, 2.11, 6.2 and 6.3 the follow
ing

4 -  = 4 -  6*6
is true and

f - if « 1 v 1"
I 18 TT -52"

2
6.7

Considering v and d again as constants and recalling the 
restriction of the accelerating voltage, it is seen that the 
thrust per square centimeter is proportional to the square 
of . This result confirms the importance of a large^/fe 
ratio because it results in a small mass and size of the ion 
source.
b. Ion Sources

Several types of ion sources, including radio fre
quency, contact ionization, Penning discharges, magnetically 
stabilized arcs and various combinations of these, have been



45tInvestigated for use in ion rocket engines0
What little information that is available on radio 

frequency ion sources indicates that the efficiency is low 
and the associated operating equipment is heavy3 factors 
which eliminate this source for applications in the ion 
engineo

Three methods of.ion formation appear promisingg 
ionization of alkaline metal atoms on a hot metal surface9 
Penning discharges? and the ionization of a gas within a 
-concentrated electric arc (von Ardenne source)„ The forma
tion of positive ions from alkaline atoms on a hot metal 
surfaces was studied by 0e W e Richardson in 19219 J0 J0 
Thomson (1921)s I* Langmuir and K„ H. Kingdom (1923)9 and 
others 0

Surface ionization occurs whenever atoms are boiled 
off from a surface material whose work function is greater 
than the ionization energy of the adsorbed atoms on the 
surface material» The electronic work function of a material 
is equal to the work, measured in electron volts, which mtist 
be done by an electron that leaves the material and becomes 
a free electron0 The ionization energy of an atom is the 
energy required to remove the outermost electron of the atom* 
Tungsten has a work function of 4.5 electron volts and a 
melting temperature of 3370oC, the highest of any of the. 
metals. Cesium has an ionization energy of 3 =87 electron 
volts which is relatively low; in fact the alkaline metals
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haveg by far9 the lowest ionization energies0 The probability 
that an atom adsorbed at a surface will lose its outermost 
electron into the surface increases as the difference between 
the work function of the material and the ionization energy 
of the atom increases0 Platinum with a work function of 5=2 
ev and cesium form the best combination of a surface materiali
and an ionizing element but the low melting temperature 
(1775°C) of platinum is undesirable» Tungsten and cesium 
appear as the most likely combination9 other promising com
binations include cesium with rhenium9 iridium, or carbon.

After an adsorbed atom has lost its outermost elec
tron, the remaining ion is held at the surface by image 
forces which are induced by the charge of the ion. These 
image forces must be overcome by thermal energy from the sur-;, 
face if the ion is to leave the surface. If the temperature 
of the surface is too low to supply this thermal energy, a 
layer of absorbed atoms forms with the effect that the work 
function of the surface is lowered. As the temperature of 
the surfaces rises above a certain threshold, no permanent 
layer of adsorbed ions forms, and practically all of the 
impinging atoms rebound as ions. The threshold temperature 
depends on the number of atoms striking the surface per 
second. A greater density of the atom flow requires a higher 
temperature for complete ionization. The ionization efficiency, 
after reaching a maximum shortly above the threshold tempera
ture, decreases slowly again when the temperature is further
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increased. This decrease is caused by the electrons which 
are emitted in growing numbers from the surface as its 
temperature rises, and which partially neutralize the ion 
current (18).

Theoretical treatments of the operation of surface 
ionization are based on the Saha equation (29). Dr. D. G . 
Worden (30) presented, in part, the following discussion on 
the operation of surface ionization.

Within an enclosure with a wall temperature T con
taining the vapor of an alkali metal, some of the atoms 
hitting the wall will rebound as ions, others as atoms. In 
addition to the ions and atoms, free electrons will also be 
present from the hot walls. After some tine, an equilibrium 
will be reached at which the volume densities of atoms, ions, 
and electrons are 7̂ a , and">^. Since the electrons do not 
come directly from the ionization of the alkali metal atoms, 
but are emitted from the hot walls of the enclosure, their 
volume density is primarily a function of the work function 

of the wall material. The equation
-mcT 6.8

(where = 2 » statistical weight of the e l e c t r o n , =  
electron mass, k = Boltzman constant, T = absolute temperature, 
h = Planck's constant, and = work function of wall material 
in electron volts) can be used to calculate the volume density 
of the electrons (31). In spite of the fact that this equation 
does not consider any influences of the free ion and electron



charges within the enclosure on the density of the electrons, 
it leads to results which are in fairly good agreement with 
experiments.

To calculate the volume density7̂  ̂of the ions, the 
equilibrium constant

k = n i  'n*. 6.9
Va

of the mixture is expressed with the help of the Saha equation 
(assuming^a i):

K = 2 ^ . k T _  e-QAT 6.10

where = 1 = statistical weight of the ions (cesium) in the 
ground state, V7a = 2 * statistical weight of the atoms (cesium) 
in the ground state, and Q » work of ionization in electron 
volts. The ratio of ions to atoms within a unit volume, *
may now be expressed

A  - y)x rn  K - W1 e-(Q-^lAr . 6.11P r)e

The degree of ionization,’ which measures the efficiency of 
the ion source, is defined as (18)

e/' - 6.12
T I sl + TJX

or, with equation 6.11
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Electric fields in the vicinity of the metal surface 

do not influence the formation of ions appreciablys as con
firmed by experiments (31)«

Figure 6,1 shows the efficiency of a cesium-tungsten 
ion source as a function of temperature and gas flow. While 
equation 6 013 governs the part of the curves from the maximum 
to the right; the sharp drop towards the left is caused by 
the formation of a cesium layer on the tungsten surface as 
described on page 460 A cesium-tungsten ion source should 
be operated at a current density as high as the space charge 
limitations permit, and at the tungsten temperature at which 
the efficiency is a maximum (l8)0

One disadvantage of surface ionization sources is 
the high temperature at which they must be operated0 Radi
ation losses are proportional to the fourth power of the 
temperatureo Fortunately, the current density of a source 
increases rapidly with increasing temperature (figure 6»1)0 
The total area of an ion source for a given propulsion system 
decreases therefore with increasing temperaturec Table 3 
lists the radiation losses per unit ion current of an ion 
source, in watts per milliamp, as a function of the operating 
temperature (32)» The principal energy loss is in the form 
of power required to heat the ionizer to the necessary emitting 
temperaturee Some additional power is required to heat the 
electron emitter and the tcesium boiler, but, for reasons to 
be mentioned subsequently, no power dissipation due to ion
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current interception on the electrodes is tolerable»

Various approaches to the technical design of surface 
ion sources have been made. An ionization efficiency as high 
as 99 = 5% can be expected only when all the alkaline atoms 
flowing into the ion source impinge on the hot metal surface 
before they have a chance to leave the source again0 In ad
dition to the requirement that no atom must flow through the 
source without striking the hot surface at least once, it is 
necessary that each ion be extracted from the source by an 
electric field, and that it be subsequently accelerated to 
the desired exhaust velocity. The number of ions which inter
cept the accelerating electrodes or other beam-shaping sur
faces must be negligible, and the entire ion source should 
be a compact, lightweight structure.

It appears that the most promising approaches to the 
tungsten surface are the porous tungsten pellet and a woven 
structure of wires or ribbons (figure 6.2). The cesium atoms 
are fed from behind the porous pellet, migrate along the walls 
of very thin (one or two microns) capillary tubes and emerge 
on the top surface, from which they are emitted predominantly 
as ions. The valence electrons of the low-ionization - poten
tial alkali metals remain with the higher - work-function tung
sten surface as the particle is evaporated from this surface. 
The density of the ion current which can be drawn from a 
porous plug sources is determined by the accelerating voltage 
and the distance between anode and cathode (equation 4.1)
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rather than by the flow of cesium vapor and the temperature* 
Sources of this type are capable of supplying ion beams of 
attractive densities (particle densities of the order of 
IqII ions/cm^ and current densities of 20 to 80 ma/cm^ in 
the exhaust beam)(20)*

In the second method of ion production under consid
eration s the propellant is ionized by means of electrons 
colliding with the neutral gas. This process is frequently 
called the Penning discharge. Two such engines are being 
developed at presents one by H, R, Kaufmann (33) of the NASA 
Lewis Research Center and Kneehtli and Hagen of the Hughes 
Research Laboratory9 and a second by R, G, Meyerand of the 
United Aircraft Corporation (3^),

. The Kaufmann engine is shown schematically in figure 
6,3° The ionization chamber is composed of a long cylinder 
with the propellant introduced at one end and the ion extracted 
at the other. To date only mercury has been utilized ex
tensively in this type of engine. As seen in the figure9 the 
center portion of.the cylinder is maintained at a positive" 
potential with respect to the electron emitting filament near 
the axis; thus electrons cannot reach either end of the chamber 
but will be attracted radially outward. The electrons are 
prevented from reaching the outer cylinder directly by the 
application of an axial magnetic field. In this crossed elec
tric and magnetic field9 they will spiral around the axis and 
ionize the injected gas. As a result of the ionizing
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collisions5 the electrons lose energy and thus reach the 
outer cylinder, where they are collected. The ionized par
ticles form a plasma which fills the discharge chamber out 
to a screen. At this screen there is created a scalloped 
plasma boundary from which the ions are accelerated outward 
by the negative potential on the accelerator grid. The 
ejected beam of positive ions produces the thrust of the 
engine 0 The interception of ions on the accelerating grid 
is a function of the shape of the plasma boundary near the 
screen; therefore, the optical properties of this accelerator 
are not under as close control as those of the cesium ion 
engine, in which the ions originate at a surface of a well- 
defined plane.

Typical performance of a 10-cm diameter and 10-cm 
long source operating at a specific impulse of 5500 seconds 
with mercury as the propellant has been given as follows (35)s 
An ion beam of 130 ma was obtained with a magnetic field of 
the order of 20 gauss; a discharge in the ionization chamber 
of 1,7 amperes at 50 volts, and a net acceleration voltage 
of 3000 volts. This corresponds to an average beam cross sec
tion of about 1,6 ma/cm^, or of the order of several ma/cm^ 
in the screen apertures, Current densities in this range ap
pear to be typical for this type of source. The overall power 
efficiency (beam power per total power required by thrust pro
ducing system) under these conditions was about 70 per cent 
including filament power, magnet power, and power lost due to



electrode Interception, A measure of ionization is the cost 
in energy of producing one ion9 which in this case was about 
700 ev per ion, Fropellant-utilization efficiency was about 
80 per cent. The thrust corresponding to these numbers would 
be of the order of 3 millipounds.

As previously mentioned? all results known to date 
have been obtained with mercury as the propellant. The 
study of other types of gases, particularly cesium, seems to 
offer possible further gains in efficiency, current density, 
et cetera,

A third major class of sources which is being exten
sively investigated and developed for the electrostatic ac
celeration of dense ion beams is based on the duoplasmatron 
concept of Von Ardenne (36),

Figure 6,*f illustrates the basic duoplasmatron con
figuration, A low-pressure arc is produced between a filament 
(or thermionic cathode) and the anode, which typically operates
in a potential range from somewhat above the ionization poten-

1
tial of the working gas to about 100 volts. An ”intermediate 
electrode", conical in shape and held either at an intermediate 
potential or sometimes floating, serves to constrict the dis
charge and increase the plasma density. The addition of a 
high (essentially axial) magnetic field between the tip of 
the baffle and the anode acts to constrain the discharge 
further (36), These dual constraints - mechanical and magne
tic - (hence the word duoplasmatron) produce a very dense



plasma in the extraction orifice0 Since neutral particles 
have to pass through this cloud of hot dense plasma to escape 
from the sources the propellant-utilization can be high, A 
very dense ion beam is obtained from the plasma by means of 
a large negative potential (typically 10 to 60 kilovolts) 
applied to the extractor electrode.

The advantage of this type of source is the fact that 
it is capable of ionizing a great number of elements. Heavy 
ions like mercury or bismuth can be produced easily and at a 
high ionization efficiency (18)„ Its ultimate success as an 
ion engine configuration will depend in large measure on the 
development of high-quality ion optical systems which are 
compatible with practical ranges of specific impulse (5000 
to 15J000 seconds) and with very low electrode erosion rates9 
which is also true of other types of sources. There are, in 
additiona number of practical engineering problems relating 
to cooling9 efficient magnetic circuits9 and weight reduction 
(20), Most of the research effort to date has been concerned 
with understanding the basic mechanisms in order to improve 
the efficiency of the duoplasmatron as an ion source.

The efficiency of ionization of the surface-contact 
source is nearly 100 per cent for both cesium and rubidium 
if the ionizer surface is operated at the proper temperature 
(l8926)9 based on atom flow density. The efficiency of 
ionization from other type sources varies from a few per cent 
to nearly 100 per cent with improved designs.
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These three types of ion engines have received more 

attention to date than other electrostatic engines or engines 
based on direct acceleration of plasmas and are consequently 
somewhat nearer the stage of development. Of these9 the sur
face contact cesium ion engine is the most refined in terms 
of meeting all of the difficult requirements of practical 
thrust units9 i.e.; high efficiency3 excellent optics9 and 
techniques for controlled neutralization of the exhaust beam.
Co Design of the Thrust Chamber

The surface contact cesium ion engine is chosen for 
discussion for the following reasons.;' (1) In the cesium 
engine? the ions can be made to originate at a surface with 
a very well defined geometrical shape which is maintained as 
an equipotential surface at a fixed value of potential with 
respect to the other electrodes of the accelerator. This 
allows the accelerator structure to be designed In a reason
ably scientific way 9 providing close control of the ion tra
jectories o (2) The cesium engine can be built with efficiency 
values that are quite competitive with other types of electro
static engineso (3) The efficiency of propellant utilization 
can be quite high* (4) The emergent ion beam can be well col
limated and be neutralized as will be shown in section e.
(5) Despite the limitations of this engine (i.e.9 only certain 
alkaline-earth elements can be used as the propellant) and 
the excellent performance of some of the other types of elec
trostatic ion engines9 the cesium engine appears to satisfy



the need for a practical space engine and is amendable to 
analytical description»

A simplified schematic diagram of a typical cesium 
ion engine is shown in figure 6 At the left is the pro
pellant heating and storage system9 where cesium is converted 
into a vapor and caused to flow up to and through the ionizer 
(porous tungsten)0 At the surface of this ionizer9 the cesium 
atoms are converted into cesium ions« These positive ions 
are accelerated by means of an electric field in the acceler- 
tor region and then ejected through the neutralizer area 
shown. The space-charge fields of the ejected ions must be 
neutralized; otherwise these fields give rise to image charges 
on the vehicle which retard the ions9 thereby diminishing 
or possibly eliminating completely the thrust of the engine.
In order to neutralize this beam space charge9 negative par
ticles 9 1.609 electrons9 must be injected into the ion beam.
As shown in figure 6.5$ electrons are injected from a cathode 
surrounding the ion beam and are mixed with the ions in the 
electron trap created by the electrodes shown (20).

The electrode system marked "neutralizer region" 
serves two functions: (1) The shapes and potential differences
of the electrodes have been designed so as to achieve most 
efficiently the injection of electrons for neutralization.
(2) The electrodes are held at an average potential well 
above the accelerator in order to decelerate the ion beams 
for reasons apparent in subsequent discussion. Essentially



all cesium ion engines operate in this "accel-decel" mode.
In this mode, the final exhaust of the propellant takes place 
at or near the potential corresponding to the final or v 
decelerator electrode, but between this electrode and the 
ionizer the accelerator electrode is arranged at potential 
Ua . The fraction Ua/U£ is called the accel-decel ratio; 
typical values are approximately 2 to 10 (18, 20).

The thrust from an ion engine per unit of ionizer 
area may be considered in terms of a unit called the specific 
thrust

f • F . 6.1V
H

Normally specific thrust is defined as thrust developed per
unit weight flow of propellant, but investigators in the
electrostatic propulsion field define it as thrust developed
per total ionizer area. Specific thrust can also be written

f = Mv = I // v - i v 6.15
Ai Aj_ Se /e

by making use of equation 2.1 By substituting equation 2.2
2eu 6.16
A

and equation 6.1 Into equation 6.15 the specific thrust may
be written

f = 2 - U2 . 6.17

The electric field strength in a planar space charge-free 
diode is

S = _U_ 5 6.18



and the electric field strength at the anode of a space-
charge-limited planar diode can be shown to be (1)

S = Jf U_ . 6.19
3 d

Thus, equation 6.17 can be written as
f = 1_ S2 . 6.20

The above equation represents the stress transmitted across
a unit area of surface at which the electric field strength 
has the value S (1). The thrust per unit area is simply an 
electric stress on an electrode caused by lines of force 
which terminate on the charged surface. At the other end 
these lines of force terminate on the space charge. The 
thrust on an electric rocket is thus found by integrating 
the electrostatic pressures on the charged surfaces of its 
engine (4^), in close analogy to the manner in which the 
thrust on a chemical rocket may be found from a complete 
inventory of pressure forces over the surfaces of its com
bustion chamber and nozzle.

Equation 6.17 can be written in the form
f = _I_ = _ 2_ _uL , 6.21Ai 92" d2

F = _ 2 _  a±
9?r d2

or
F - 1, u2 f  J H  \2 . 6.22

1 X d /
The term in parentheses above is called the aspect ratio (1).
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R = J H  - 6.23a d

D is the diameter of a circle having the same area as the 
ionizer and d is the distance between the ionizer and the 
accelerating electrode.

The total thrust of a space-charge-limited electro
static system is therefore a function only of the total 
voltage and the aspect ratio of the beam.

Recalling equation 6,1 the aspect ratio also provides 
a measure of the current producing capability of an ion 
engine: i .njTZa? f piY. 6.2b

v d )

While the total thrust is the same for all charge- 
to-mass ratios for a given U and R, the specific impulse 
(i.e., the exit velocity) is not. The latter must usually 
be set at a value which will meet requirements of optimum 
rocket performance. For an ion of g i v e n , the voltage 
U is therefore fixed by considerations of the rocket mission 
and the power supply as shown in equation 2.2. The value 
of the aspect ratio R is then determined by the required 
total thrust.

The aspect ratio is closely related to the perveance, 
a familiar vacuum tube parameter defined as the total ion 
beam current divided by the three-halves power of the volt
age (1).

P = I 6.25
U-Vi
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For a space-charge-limited diode,

P =~nr-|~e~ R2 6.26
3 q x

which is equal to 1.83 x 10~^R2 for electrons or 0.37 x 10“®R2 
for cesium ions, or

%  = 493 pi . 6.27
Equation 6.26 relates the purely electrical quantity P with 
the geometrical parameter R. The aspect ratio provides a 
basis for the comparison of any system having a known perveance 
with an equivalent plane diode. R is, specifically, the 
ratio of diameter to spacing of a circular plane diode which 
would have the same perveance as the system under considera
tion (V5)• Implicit in this definition is the fact that for 
the same ratio all space-charge-limited diodes of a given 
shape have the same perveance regardless of their actual size.

Considering an accel-decel type of engine, it is con
venient to define two values of perveance for a given engine- 
one corresponding to the potential Ua of the accelerator elec
trode, called the gun or accelerator perveance (1)

Fa = I 6.28
Ua-%

and a second corresponding to the final or decel potential
Pd - . I ,. 6.29

% %
If the ions enter into an adjacent decelerating gap 

of length d and potential difference - Ua, they are slowed 
down to an exhaust velocity (18)



The current density, the weight and size of the ion 
source, and the radiation losses are determined by the volt
age and the width of the accelerating gap, while the exhaust 
velocity is determined by the decelerating voltage. This 
illustrates another advantage of the accel-decel system.

There are four general forms of cesium ion accelera
tors which are in current use: (1) the planar structure with 
grids across the accelerator aperture; (2) an array of small 
solid beam accelerators with an open accelerator aperture 
("buttons"); (3) an accelerator to produce a long narrow 
strip beam; and (4) a structure producing a thin hollow- 
tubular beam. Listed below are the principal features, ad
vantages', and disadvantages of each type.

1. Planar structure with grids.
Advantages: a. Simple design and construction.

b. Relatively large area possible per 
ionizer, therefore potentially high 
ionizer heating efficiency. 

Disadvantages: a. Grid wires may be eroded away rapidly.
b. The beam produced will be broad, i.e., < 

exhibiting a high aspect ratio and may 
therefore be difficult to neutralize.

2. Array of small solid beams.
Advantage: a. Simpler design and construction.
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Disadvantagesi

b,

Large number of buttons required for a 
reasonable thrust.
Difficult optical design for close- 
packed array,
May be difficult to neutralize close 
to the engine.

Linear
Advantages:

Disadvantage: 
bo

Advantages:

a. Can be neutralized close to engine, 
bo Large area possible,
Co Can be clustered in parallel array„ 
a 0 Accuracy of electrode alignment difficult. 

Hollow Ring,
a0 Can be neutralized close to engine, 
bo Large area possible,
Co Can be made and assembled accurately,
d. Can be clustered in concentric rings,

. a. Relatively difficult heat dissipation 
problem from inner surfaces,

The hollow-ring system and the multiplicity of solid- 
beams system9 each of which possess certain advantages and 
disadvantages9 are the two in most common use today. The 
hollow-ring geometry is simply the strip beam bent around 
into a circle 9 but this arrangement allows the electrode 
alignment to be maintained accurately9 and the beam can be 
neutralized in detail by the electron injection and trapping 
system.

Disadvantage;
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do Ion-Optical Designs Considerations of the Accelerator-

If the ion beam is poorly defined9 a certain fraction 
of the ions will intercept the accelerating electrodes0 Even 
though the resulting loss in thrust may be bearable9 inter
cepting ions damage the electrodes severly by erosion0 Sput
tering studies have shown that as many as.ten atoms of the 
engine electrodes can be eroded away by the impact of one 
cesium ion. The fraction of fast ions hitting any surfaces 
within the ion motor should therefore be not greater than 
about 10-^, a limitation making it mandatory that ions be 
generated at a Well-defined place and with uniform initial 
velocity, and that the beam shaping quality of the electrode 
arrangement be very high (l8)0

The accelerator region, i0e0, the region between the 
ionizer and the accelerator electrode, of the ion engine 
must be designed so that very close control over the trajec
tories of the accelerated ions can be achieved» Several 
reasons why such close trajectory control is essential to 
optimum long-life ion engine performance are as follows % 

lo To prevent excessive electrode erosion by the 
ion impingement discussed earlier»

2 o To insure uniform current density at the ionizer»
3 o To provide a reasonably uniform current density

in the decelerator region where electrons are 
mixed for neutralization„

•+P To insure that the ions are ejected from the
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engine without any strong component of velocity 
transverse to the axiss since this represents 
energy which will not provide an axial thrust,

^he uniformity of current density at the ionizer is 
believed to be quite important. The current density distri
bution with radius may become,extremely nonuniform if proper 
precautions are not taken. This nonuniformity in current 
density can have several adverse effects in the ion engine:
(1) an increase in neutral efflux within the thrust chamber|
(2) non-laminar trajectories; and (3) decreased efficiency (1), 
The increased neutral efflux results from the fact that for
a given rate of flow of the cesium atoms through the porous 
tungsten3 or more generally for a given rate of arrival of 
cesium atoms on the surface of the ionize}? 9 there will be a 
fixed rate of evaporation of neutral particles and ions. If 
the space-charge-limited current density requirement dictated 
by the geometry of the accelerator system is not adequate to 
draw off all of the ions available9 the excess particles will 
be evaporated as neutrals. Thus it is desirable to operate 
the ionizer at. exactly the maximum space-charge-limited 
emission point for all regions of the ionizer.

The second reason for designing for uniform current 
density is that a nonuniform density from the ionizer will 
give rise to nonuniform charge distributions within the beam 
between the ionizer and the accelerator9 thereby producing 
fields which can result in aberrations in the anode lens (1),



Third, any portions of the ionizer which are not
emitting their full maximum space-charge-limited current 
are nevertheless being heated to the appropriate temperature 
thus the ionizer is being operated inefficiently, and the 
total engine efficiency is reduced correspondingly.

have been attempted so far, one of them based on the Pierce 
gun principle (38), and the other one involving curvilinear 
flow generated by accelerating electrodes which are arranged 
in such a way that interception is minimized (39).

an electron beam, but it is applicable just as well to par
ticles with smaller ratio. Considering an infinitely 
wide layer of charged particles moving from an ion source 
(anode) towards an accelerating electrode (cathode), the 
potential distribution along this layer, in the direction 
from the anode to the cathode, results from the Child- 
Langmuir law

"Consider a small cylinder cut out from the infinite layer; 
the axis of the cylinder being perpendicular to the layer, 
and its length equal to the thickness of the layer. Since 
the lateral extension of the layer is infinite, there is no 
divergence in the cylinder. The electric forces originating 
from the charges inside the cylinder exactly balance the 
electric forces outside the cylinder. The potential

Two different approaches to this ion-optical problem

The Fierce gun was originally designed to collimate

6.31
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distribution along the lateral boundary is' that given by 
equation 6.31. The Pierce principle ccmsists of finding 
a solution to the Laplace equation for the region outside 
the cylinder which satisfies equation 6.31 -.along the wall 
of the cylinder. The potential distribution inside the 
cylinder is completely determined when the potential along 
the cylinder wall is determined, irrespective of whether 
the wall potential is produced by external charges or by
external electrodes charged to the proper potentials. All
that is then necessary is to find a solution to the Laplace 
equation outside the cylinder which satisfies the conditions 
along the wall, to determine the equipotential surfaces, 
and to place conducting surfaces charged to the proper po
tentials along the equipotential surfaces. The cylinder 
will then be the region where a parallel, well-collimated 
beam of ions flow (18). For a two-dimensional flow, Fierce 
showed that the equipotential surfaces can be found with the 
conformal mapping transformation

i x jy —  U +
where7^ represents the,electric field lines. Introducing 
this transformation into 6 .31, and rearranging yields
Z =  x+jy = 2/3 f2e_H fu 4- j T l l ^
or

U

|> 4- jr) 6.32

(x?4-y2)% cos fk_ tan-1 l 6.33
M 3-yx
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At the anode edge, the equipotential U * 0 makes an angle 
with the X - axis given by 4/3 tan”1 (y/x) = 90 degrees or 
tan”1 (y/x) ■ 67.? degrees (1, 18).

This same principle is used to design a Pierce-type 
accel-decel system.

One assumption made in the Fierce gun design is that 
a planar grid is placed across the exit aperture of the sys
tem to provide a plane equipotential surface. Although the 
planar structure with grids is being considered; the inter
ception of ions with the grid wires create a considerable 
erosion problem. For other accelerator configurations with
out grid wires, a considerable ion-optical distortion is to 
be expected, but it is hoped that beam distortions caused 
by the finite aperture can be corrected by additional equi
potential surfaces of proper shapes,
e. Neutralization -

As soon as the ions of an electric propulsion system 
leave the exit aperture, they travel in a field-free space. 
The space charge effects which govern their flow a way from 
the exit aperture and into space are expressed in general 
by equation 4.1 (18). The successful neutralization of the 
space-charge fields of this ejected ion beam is one of the 
most difficult and controversial problems in the ion engine 
today.

There are two types of neutralization which must be 
differentiated (20);
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1)e Current Neutralization0 A positive ion beam 

which is ejected from an electrically isolated space vehicle 
will produce on this vehicle a net negative charge„ This 
charge will build up quickly to such a magnitude that all 
of the ions will be pulled back. It is necessary9 therefore9 
to eject an equal current of negative charges along with the 
positive ions. This is necessary in order to maintain the 
entire space'vehicle electrically neutral. In principles 
this current neutralization could be accomplished by ejecting 
negative particles9 i.e.9 electrons or negative ions, directly 
into the beam or from any part of the vehicles and they would 
ultimately be attracted toward the cloud of positive ions. 
There is no uncertainty or controversy regarding the need for 
current neutralization.in order to assure satisfactory opera
tion of an ion in space.

.2). Charge Neutralization. The question of the need 
for detailed neutralization of the charge in the ejected ion 
beam is currently the controversial aspect of this problem.

The fundamental purpose of neutralizing an ion beam 
is to eliminate5 or to reduce to the point of ineffectiveness9 
any electric fields in the vicinity of this beam which can 
diminish the thrust obtainable from the ion engine. Since 
the thrust is proportional to the product of the beam current 
and the ejected velocity of the propellant (equations 2019 
2.2, 2.3 and 2.12), any fields which act to reduce either 
the beam current, or the ejected velocity will adversely
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affect the thrust„ A heavy particle such as a negative ion 
offers certain advantages as the neutralization .particle; 
however9 the far more copious supply of electrons available
makes the electron the more.attractive negative particle to 
use for neutralizationo

Ion beams can be differentiated into two broad 
classess , (1) thin beams (beams corresponding to a low as
pect ratio = 2ri/d approximately 0.1 or less), and (2) broad
beams (aspect ratio greater than one). The electric fields 
associated with the thin beam are relatively low because the 
charge density in this beam is comparatively small. This 
type of beam involves fewer problems arising from unneu
tralized space-charge fields; however, it also produces re
latively low and unattractive'levels of thrust density.
The broad beam produces attractively high levels of thrust
density, but if it is unneutralized it can also give rise
to strong axial electric fields. Therefore an ninter
mediate beam" with an aspect ratio roughly equal to unity
for each individual beam appears as the logical" solution.

Clustering of individual beams can be accomplished so that
the desired thrust density is achieved. The problem facing
designers - then is to design the individual beam to 
behave somewhat as a "thin" beam and arrayed close enough
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together to give an efficient engine design without danger 
of the system degenerating into a "broad beam" and its sub,- 
sequent problems»

Injection of electrons into the beam can be achieved 
by placing electron emitting cathodes close to the edge of 
the beam at the decelerating electrode? as shown in figure 
6o5o The electronsj, leaving the cathodes with very small ran
dom velocities9 would be drawn into the ion beam.

Dr. Stuhlinger presented the following treatment of 
this process of the distribution of the electrons within the 
ion beam (l8)0

Consider a plane layer of positive charges with 
thickness 2b, extending to infinity in the two directions
perpendicular to b (see figure 6.7) <> The layer is filled

/ .with uniformly distributed positive charges of densityD  „
The left-hand surface of the layer is formed by a metal 
cathode which emits electrons. It is assumed that the amount 
of electrons which can be furnished by the cathode is not 
limited, and that further, a sink for electrons exists in 
the middle of the layer which absorbs all electrons arriving 
there (the potential of this absorbing layer is zero). Elec
trons will then flow from the cathode through the layer to 
the absorbing plane. The right-hand side of figure 6.7a re
presents a virtual cathode" or collecting electrode. The 
formation of this virtual cathode will not be covered here 
but detailed analyses of one-dimensional theory of unneutralized



beams may be found in references (1) and (44). This theory 
indicates that the full current will flow away from the pro
pulsion system only if the ions are intercepted by a collecting 
electrode located at a distance twice the ion emitter-to- 
accelerating electrode distance from the exit aperture of the 
engine. A collecting electrode behind the propulsion system 
is, of course, not feasible. However, a similar effect can 
be produced by neutralizing the space charges immediately be
hind .the exit aperture by injecting electrons into the ion 
beam so that the charge d e n s i t y o f  the ion beam multiplied 
by the ion velocity is equal to the product of charge density 
in the electron beam and the electron velocity (1). The 
problem is then to determine the distribution of the space 
charge of the positive ions within the layer after the steady 
state has been reached. Figure 6.7 a shows the layer of 
positive charges, the absorbing plane in the middle, and the 
emitting cathode. Before the electrons start to flow, the 
Coulomb potential V, the field strength Sz = dV , and

where the prime superscript denotes conditions prior to elec
tron injection. The two solid lines in figure 6.7b represent 
the charge density field strength, and the potential within 
the layer before electrons start to flow.

dx
/within the layer are governed by

Poisson's equation
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After steady state has been reached, equation 6.3*+ 

above reads
.dV  r +  b-XX{o-'r)) . 6.35

The electron current per crâ  is
1 = ^ x  6.36

where x is the electron velocity. If the potential is V0 
on the surface, zero in the middle plane, and V in between, 
we find for the electron velocity at any point within the 
layer (from equation 2.2)

x (V0 - V) 2 ' . 6.37
From equations 6.36 and 6.37,

■>q= i c*/2<f)£ (v0-v)-i .
Equation 6.35 then becomes

6.38

d2v _ b n
dx ^  - i ( y *  (Vo - V)-* 6.39

Introducing
JTjb Vq-V • ^2y -V,

and, integrating

d2ii
dx’2 

4-

6 .1+0

(v0 .vf*

2 dJL d %  
3x d5? if

V° = -8^Jl+l6l^-^| \ i V0-i£li- +  C]_ . 6.41

At x = 0, we find V * V0 and if),» 0; also dV * 0 and hence
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djQ. s 0. Thus, Ci * 0. 
dx

At x "b, we find V = 0 , =  1; dV = - ■ 0 due to
dx dx

symmetry at b, which yields with equation 6.41

= 21

and

z 0 * 6.42

2 V0 £_ 6.43

Equation 6.1+1 then reduces to
6.44

Equation 6 .M+ can be integrated readily with the substitu
tion ̂0 .= sin^^ which finally leads to

sin-lifli - (fli —Sl)i » x ^2/^?/^ J 2 -h C2 . 6.45
The constant is determined with x = b, V = 0 , =  1, which
yields

4r -hi i
6.1*6

where r is an integer. At x = O,^* 0, we find 
v0 = f*2r - q+i 6.47

where q is an integer. The potential at the same point, but 
without the flow of electrons, results from equation 6.34

6.48Vq = 2 b ^ / r  .
The ratio of the two potentials is simply 

V, r "  1 -2■v 0 r  ^ ( 2 r  -  q - k i )  J 6.49
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The potential between V = V0 and V = 0 with electrons 

present is found from equation 6,45 by inserting equation 
6,46 and by substituting (V0 - V)/ V0. It is shown as 
a dashed line in figure 6.7b. Figure 6.7b shows the field 
strength S/ and S, before and after electrons have been in
jected into the ion beam.

In the Ramo-Wooldridge report, reference (44), it was 
stated the ideal charge neutralization occurs when the ratio 
of electron to ion velocity equals unity and if the ratio did 
not equal unity a periodic variation of potential was estab
lished in which the spatial period was defined as 

z? = 3 f F rtk d = 13.3/& d

or for cesium
Z* = 0.027 d1

where d is the distance between the ion emitter and the ac
celerator electrode.

This derivation, greatly simplified, shows that there 
is indeed at least partial neutralization of the original 
space charge. A more complete neutralization could be achieved 
by enforcing a more negative potential on the emitting sur
face with an external power supply. However, it must not be 
overlooked that a few simplifying assumptions were made here 
which will not exist in an actual ion engine: first, the
electrons will not flow into an absorbing layer, but will 
move downstream with the ions. Secondly, the flow of ions
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will not be a layer., which extends .to infinity in two direc
tions 9 but it will be an array of pencil beams which spread 
laterally and fuse into one big column shortly after leaving 
the exit apertures.

In general9 it may be stated that the problem of 
beam neutralization is extremely difficult to solve by 
theoretical analysis only. Analog simulation in electro
lytic tankss neutralization experiments in very large vacuum 
tanks 9 and finally tests, on satellites which provide a prac
tically unlimited vacuum space will furnish the test of the 
requirement'and effectiveness of the neutralization, 
f» Experimental Techniques

Since electrical propulsion engines are to operate 
in the vacuum of space9 it is obvious that they must be 
tested under conditions where the background gas pressure 
will not influence the operation. The tolerable level of 
background pressure depends on the mean free path of the 
ions in this residual gas9 but in general it is of the order 
of 10“7 mm Hg. Additional features of the physical environ
ment simulation which may be desirable are: (1) cold sur
faces to simulate the regions of infinite space as far as 
radiation from the engine is concerned9 (2) artificial solar 
radiation to simulate the power received from the sun9 and 
(3) possibly other types of radiation such as gamma rays9 
cosmic rays9 et cetera. The most difficult aspects of space 
simulation9 as concerns electrical engines9 are the electrical



conditionso It is apparent that the walls and collector of 
the test chamber, must not act as -sources of electrons; ioe0 9 
suitable grids or other barriers must be arranged so that 
the bombardment by.ions or other particles does not cause 
emission.of electrons which can be gotten into the beam and 
influence its behavior. A second and equally important as
pect of the electrical simulation problem arises because in 
the space environment the ion beam is sent into essentially 
ah infinite region with no boundary beyond the edges of the 
space vehicle. In the ground based test chamber9 walls must 
be imposed around the engine and beam in order to provide the 
vacuum and a collector must be provided to collect the ion 
beam; both of these arrangements impose artificial boundary 
conditions at the edges and at the end of the ion beam (20).

A device for studying the design of accelerator 
regions which allows such close trajectory control is the 
electron or ion-trajectory tracer developed at the Hughes 
Aircraft Company. Electrodes are arranged in an electrolytic 
tank, which forms the basis offthis device. These electrodes 
are made to form a direct analog of the electrodes in the 
actual engine. Probes sample the electric fields and a com
puter solves the differential equations of motion, so that 
the tracer will follow the actual path of the particle. One 
novel feature of the device is that it enables fields of the 
space charge to be simulated in the electrolytic tank. Thus 
not only the electric fields due to the charges on the
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electrodes can be considered9 but also the fields due to the 
charges themselveso The latter field is of crucial impor
tance in high density systems0 Therefore9 this analog device 
provides a means whereby configuration of the electric fields 
in the ion accelerator can be varied with accurately known 
results9 to arrive at an optically good design (41)0 .

A space simulation chamber has been utilized by the 
Hughes Aircraft Company to test their ion engines„ The 
chamber has created a vacuum closer to that existing in 
outer space than in any other chamber of comparable size0 
It is five feet in diameter by fifteen feet long9 pumped both 
by oil-diffusion pumps and by a liquid hydrogen cryo-pump 
systemo Many tests of engine performance9 such as thrust9 
beam diagnostics9 effectiveness of neutralization; et cetera9 
can be made while the engine is in the chamber 0

There are a number of methods which can be used to 
measure the degree of neutralization of an ion beam* One 
method would be to measure directly the change in thrust 
produced by an engine as the degree of neutralization is 
varied 9 but the validity of this test is questionable due to
the confining walls of the chamber„

<Another method 9 perhaps the most informative one9 
involves the measurement of the change in transverse spread 
of the ion beam as neutralization is effected„ The trans
verse spread of the ion beam results from the space-charge 
fields of the positive ions; therefore9 if this spread can



be eliminated by proper injection of electronss it can be 
assumed that the space-charge fields of the beam have been 
neutralizedo Another neutralization test technique is to 
measure the potential or electric field in the ion beam as 
a function of distance from the ion engine9 perhaps by the 
use of a probing electron beam shot transversely across the 
ion beam (42)„

In a very careful series of experiments9 Sellen (42) 
et al9 have applied pulse techniques to studies of the neu
tralization of cesium ion beams of high aspect ratio ( Ra10 
to 30)o By means -of this pulse method9 they have been able 
to study the behavior of the ion beam in the transient state 
before and after the injection of neutralizing electrons0 

As mentioned earlier? successful neutralization of 
the space-charge fields of the ejected ion beam is one of 
the most difficult and controversial problems about an ion 
engine today„ Progress in this technical effort could spell 
the difference between success and failure of an ion engine 
to produce useful thrust in space. The real test of the re
quirement for and effectiveness of neutralization must await 
space flighto



CHAPTER 7 
OPTIMIZATION OF PARAMETERS

a. General
Because a particular mission can be accomplished 

many ways s the problem of optimization arises» If a certain 
payload is to be transported'to Mars s will the "optimum" 
transport system by the one that provides the shortest transit 
time5, lightest transport vehicle9 highest acceleration| lowest 
cost of operation9 or lowest vehicle cost?

Electrically propelled vehicles traveling from the 
earth to Venus or Mars require a period of spiraling around 
the earth. After escape§ they follow a Hohmann ellipse9 
modified by the acceleration and subsequent deceleration 
which takes place during the transit from the earth’s orbit 
to the planet’s orbit. Another period of spiraling then 
terminates the voyage to the planet. Since the earth’s or~ 
bital velocity relative to the sun9 30 kilometers per second9 
adds to the velocity the spaceship has acquired by the time 
it escapes into the transfer ellipsethe total transfer time 
between spiraling periods is determined primarily by these 
30 kilometers per second| it depends only slightly upon the 
accelerating capability of the ship. It is practicalg

79
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therefore, to consider the total time of propulsion for a 
Mars or Venus trip as a constant 300 - 350 days one way) 
and to design the propulsion system in such a way that the 
total initial mass becomes a minimum. Voyages to more distant 
planets like Jupiter and Saturn will be in a different cate
gory. Here, the travel time depends greatly upon the accel
eration of the spaceship (18).

It is generally agreed that optimization can be per
formed by choosing an optimum exhaust velocity which will 
result in a minimum total initial mass to payload mass ratio 
Mq/Ml for a particular set of variables terminal velocity u, 
specific powerCX, and time of propulsion

Another type of optimization is to try to maximize 
the vehicle's initial acceleration. This is useful because 
the larger the initial acceleration the shorter the time of 
spiraling around the earth.

A third type of optimization consists of minimizing 
the mass of the propellant required to carry out a specific 
mission. This is of particular interest if a spaceship is 
to repeatedly carry out the mission since it decreases the 
number of times the propellant must be transported into orbit 
to refuel the spaceship.

The importance of the specific power of the power 
plant and the proper optimization procedures which take into 
account the mission of the vehicle, the specific power, the 
exhaust velocity, and the total mass-to-payload mass ratio,
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V M L  9 have been pointed out by Langmuir (I1*), Irving (15) 9 
Bussard (16), and Stuhlinger (18). Other investigators ap
proaching the problem of optimization procedures utilizing 
the same or additional parameters have been Boden (26), 
Halverson and Rosebruck (45), and Michielsen (40).
b. Exhaust Velocity versus Mo/ML

The power carried by the exhaust beam is found from 
equation 2.3

L = Mv2 = MpV2 7.1
T -  T r

and the thrust from equation 2.11
F = Mv * Mcv . 7*2

r
If the idealized case of negligible losses is assumed, the 
power to thrust ratio of a rocket engine is from equations 
7.1 and 7.2

L s v . 7.3F 2
Equation 7.3 implies that high exhaust velocities v should 
be avoided because the power required for a given thrust is 
directly proportional and thus increases with the exhaust 
velocity. However, the amount of propellant mass becomes 
unfavorably high when a low exhaust velocity for a given 
thrust is chosen. Therefore, there must be an optimum ex
haust velocity at which the ration Mo/ML is a minimum where 
Mq is the total initial mass of the vehicle and is the 
mass of the payload.
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The reason for choosing the Mq/Ml ratio can be seen 

from the above equations. The mass of the nuclear reactor 
will be, to a good approximation, proportional to the steady 

- state operating power level., The power (equation 7.1) de-, 
manded by the propulsion system will be proportional to the 
square of the exhaust velocity and to the propellant flow 
rate. Therefore, it is evident that the mass of the nuclear 
reactor and radiator system will be proportional to the 
square of the exhaust velocity and the propellant flow rate. 
Since it is desirable in a space vehicle that the total 
initial mass to payload mass be a minimum, there must be an 
operating condition of the rocket engine which will minimize 
the mass of the nuclear reactor and other masses which do not 
contribute to the useful payload. Most investigators have 
chosen the exhaust velocity as the operating condition to 
be optimized due to its relationship to the power level, mass 
of the reactor, et cetera. This is shown in the subsequent 
discussion.

It the exhaust velocity of a rocket was held constant 
throughout the acceleration period, the terminal velocity of 
the rocket in free space would be

u = V In Mo e 2.16
Me

In order to find the desired function of the Mg/M^ ratio 
versus exhaust velocity, equations 3.1 and 3.2 are substi
tuted into equation 2.16 to obtain
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u = v In Mr +  Mp4» Mu 7.4

MP + Mu
Mp, with equations 2.19 and 7.1, can be expressed as

M« = MpV2 . 7.5

Combining equations 3.1 and 7.5 with equation 7.4 and re
arranging as follows

iXre = _MfHr MlTn

% %Mpe -h MLe = Mp H- Mp Mv

M u (e^-l) = M F -h M p (1 - e1̂ )  9 MF Mp v2 (1 _ yWV)
+ 2o< T

also
Mp
RZ

Mp _ ( e ^  - 1)
Mu " r i  +  v2 (1 -  e ^ / l

14)/ HVMp = MQ - (Mp y- Ml) m M0 -
"FT M

therefore

k . -

e ^ -  1 — ITv

7.6
1 - v2“2^TrV I

From equation 2.16 the ratio of total initial mass to terminal
mass may be written in the same form for comparison

M U/V 7.7o - e

Equation 7.6 is represented in figure 7.1, where the 
ratio M0/ML is plotted against the exhaust velocity v, with
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the terminal velocity u as a parameter. The equation shows 
a minimum of the mass ratio M0/M^ for one particular exhaust 
velocity v and for any set of the variables u, of, and Z? (18).
In figure 7.2, the minimum mass ratio M0/M l is plotted against 
the terminal velocity u, with the product cX^as a parameter.

The terminal velocity u will increase when the pay
load mass M l decreases, while the total mass is kept 
constant. The maximum possible velocity u for vanishing pay
load mass M l may be found from equation 7*6 by letting M L-**o. 
This procedure yields

= 1 -f- 7.8
V^

Equation 7.8 is plotted in figure 7.3> where c* ̂ is again the 
parameter. The existence of a maximum terminal velocity 
Umax for one specific exhaust velocity Vopt, both depending 
on the value of the product is again demonstrated by
this diagram in which M L —^ o was assumed. The curves imply 
that (13)

Umax « constant^c* 7.9
Equation 7.9 is plotted in figure 7.4 and gives an impres
sion of the performance capability of the electrostatic 
propulsion system,
c. Acceleration at Constant Thrust

The initial acceleration of a space vehicle is 
determined by its thrust and its mass

ai - . F 7.10
. Mo
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or, with equation 2.13

ai = 1 \\ 2L Jif . 7.11M0
By substituting equations 2.10 and 3*1 into 7.11

ai . ~N 2L (Mr/f ) . 7.12
m f ■+• m l+ 44*.

This equation implies that a^ as a function of Mp has a 
maximum. Taking the derivative of a^ with respect to Mp 
and setting the derivative equal to zero yields 

2 MF = M F+  ML +  %  = Mo 7.13
or

Mp ■ £ m 0 . 7 .Ilf

Thus, the condition of maximum initial acceleration 
requires that one-half of the total initial mass of the 
vehicle must be propellant mass. The amount of the maximum 
initial acceleration, as fbund from equation 7.11 and 7.11+> 
is

aimax " p t t " \ #  ( M p & r  ‘ 7>15

The highest possible acceleration of a space vehicle 
aj^ is obtained when M L — o. In this case

aih = ^ cx . 7.16
2 f

Although this equation is not realistic in that M L — o, it 
again demonstrates the importance of the specific power < X .
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d • Constant Acceleration

Let
a - £o = F = constant 

Ho Mi
7.17

be the constant acceleration of the vehicle where Fof Mq are 
thrust and total mass of vehicle initially and Fi, Mi are 
thrust and total mass of vehicle at time t.

Substituting equation 2.12 into equation 7.17 yields 
a2 « 2JjM = -2LM1 7.18

or
Mi Mi"

(*) 7.19

which, after integration between Mi = M@ and Mi = , yields
-  1_M, 4 f 7.20

M r  “o
L, the beam power, is assumed to constant. 

Recalling that 
a T =  u 
L =<*Mp

M,
the ratio of payload to total initial mass at constant accel
eration is found to be

1
f t *

Mp
"715 -  1

L &  +
M

7.21

Desiring that M L be a maximum at constant Mq, u and ̂  ̂  the 
derivative of equation 7.21 with respect to Mp/M0 is set
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equal to zero, which yields

He = u
Mo •pi tr'

i - u 7.22

the ratio of the mass of the thrust-producing system for the 
initial mass,

M
M,
L - 1 - U 7.23

and
Mr -

M,
u 7.24

-o
the ratio of propellant mass to initial mass.

In figure 7.5) the minimum ratio Mq/Ml is plotted 
against the terminal velocity u, along with the same ratio 
for a vehicle with constant thrust. It shows that at low 
terminal velocities, both methods yield the same terminal 
velocity with very nearly the same ratio. For higher
terminal velocities, the constant acceleration method pro
vides somewhat lower mass ratios.

In spite of their more favorable mass ratio, constant 
acceleration systems will probably not be superior to .constant 
thrust systems. Although the assumption has been made that 
the mass of the thrust producing system is proportional to 
the total power, it is proportional to the three-halves power 
of the ratio of total current to current density, and for high 
terminal velocities this ratio is much larger in the constant 
acceleration system (13X
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Another disadvantage of the constant acceleration 

system would arise from the necessity of changing all the 
voltages of the ion source9 suppressor grids9 auxiliary 
electrodes9 and thrust chamber according to certain time 
programs of varying the exhaust velocity. This process 
would increase the complexity of the thrust system consid
erably 0



CHAPTER 8 
MISSIONS FOR ION PROPULSION SYSTEMS

a 0 General
An ion propelled spacecraft would first be boosted 

'into a long-lifetime Earth orbit prior to initiation of the 
electrostatic ion propulsion phase of the flight by a booster 
utilizing a high thrust chemical propulsion system* The 
space vehicle would then be separated from the booster? the 
power generation initiated 9 and the electric propulsion 
period of the flight begun. With several exceptions, the 
ion propulsion flight period would generally consist of 
a period of spiraling around the earth starting in the Earth 
orbit and gradually increasing in radius until escape. After 
escape9 there would follow in essence a Hohmann ellipse9 
modified by the acceleration9 coasting and subsequent decel
eration which takes place during the transit from the earth5s 
orbit to the orbit of another planet. Another period of 
spiraling would then cause the spacecraft to be caught in an 
elliptical orbit about that particular planet.

During the spiral portion of the flight9 the thrust
\

vector would be directed tangentially to the flight path.
The heliocentric (sun as a center) portion of the flight 
would be characterized by a constantly changing thrust vector

89
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orientation0 For the coasting period5 several modes of opera
tion are feasible., The power-generation system could be 
throttled back to the 10 to 20 per cent level to provide 
only enough power to meet the spacecraft's utility require-, 
ments; or if the throttling requirement is top ambitious9 as 
will probably be the case for early systems 9 the unused ion- 
engine power could be dumped into a resistive load and radi
ated into space as waste heat; or finally9 the power could 
be utilized to operate a high powered transmitter and some 
major mid-flight space experiments (5)o

Upon arrival at the target planet following the last 
thrust phase9 the major portion of the power would be uti-? 
li^ed for primary planetary experiments and the operation of 
a high-powered transmitter0 
bo Sustalner System for Satellites

It may be desirable for certain meteorological or 
reconnaissance, missions to operate a satellite at altitudes 
where atmospheric density is still noticeable« The orbit 
parameters of a satellite at low orbital altitudes can be 
kept constant only when a thrust force is maintained which 
compensates the drag force. The following conditions should 
be met by the thrust-producing unit (18)g (1) it must operate 
during the entire useful lifetime of the satellite; (2) it 
must not weigh more than a fraction of the total mass of the 
satellite; (3) the thrust should be as high as possible.
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Co Correction System for Satellites

A satellite mission could require that the satellite 
maintain its position and its altitude with great accuracy 
during a given period0 While corrective thrust impulses 
must be given at the beginning and occasionally during opera
tion 9 the total characteristic velocity to be produced by the
propulsion system will be only a few hundred meters per 
seconde Electric power would not be generated by a separate 
power plant but would be taken from the normal satellite power 
supplyo The masses of the thrust chambers and propellant 
would be so small that they would not play a decisive role 
in the design of the satellite (18)„
do Transfer between Satellite Orbits

While single and multiple stage rockets of current 
design are capable of transporting considerable payloads into 
low altitude orbits? the transportation of heavy loads into 
satellite orbits about the Van Allen radiation belts requires .. 
large multistage vehicles0 The transfer of heavy payloads 
from low orbits into higher orbits by means of electric pro- 

' pulsion systems would be relatively slow, but it could be done 
with a substantial saving in total take-off mass o

Transfer systems with electric thrust units would be 
designed so that the payload would represent the larger part 
of the system, 
e. Lunar Ferry System

It appears promising to consider electrically
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propelled vehicles as unmanned freight carriers between the 
earth and moon0 A freight carrier would take off from a 
low satellite orbit and spiral out towards the moon, its 
trajectory taking it £0 a distance of a few kilometers above 
the lunar surface, where the payload would detach from the 
carriero The descent of the payload would be controlled from 
the lunar surface manned outpost in such a way that the pay
load would land on a predetermined spot, its velocity being 
slowed down by chemical retro-roeketse The carrier would 
then reverse its thrust direction and return to the orbit of 
departure, where it would be refueled and reloaded (139 18),, 
fo Mars and Venus Vehicles

The space vehicle, after departure from a satellite 
orbit around the earth, would spiral out until it had reached 
escape velocity0 From then on, it would follow a modified 
Hohmann ellipse, or rather a flat spiral around the sun be
cause of its continuing acceleration. After a predetermined 
time of acceleration, the vehicle would reverse its thrust 
and decelerate until it approached the target planet with 
the proper relative velocity. Electrically propelled space
ships to Mars or Venus are more sensitive to optimization 
than the previous systems discussed.

As mentioned in Chapter 7, the flight time to Mars 
depends only slightly on the acceleration. The total time of 
propulsion for a Martian round trip would be a little less 
than two years. The total terminal velocity to be generated
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during the trip is of the order of 70 kilometers per -second 
(139 l8)o With the total initial mass to payload mass Mo/ML 
ratio optimized to a minimum9 a 4-3!? ton M0 vehicle would ac
celerate at 1<>06 x l O ^ g 9 reaching Mars in a little over 300 
days (18)o

The Venus-capture spacecraft configurations shown 
in figure 801 was proposed by Robert JQ Beale of the Jet 
Propulsion laboratory(5)o

This particular vehicle is designed around a nominal 
70 kilowatt SNAP-8 type power-generation system0 Of this 
total power % 60 kw are utilized for primary propulsion^
7 kw going into power conversion losses and 3 kw for utility* 

Following establishment of a 300 nautical mile Earth 
orbit9 the power generation system and ion engine would be 
started9 and the spacecraft would spiral to escape9 pass 
through a heliocentric transfer 9 and finally be caught in an 
elliptical orbit about the planet Venus * Approximately 365 
days would be required for this operation*

Referring to figure 8019 the power-production system 
can be seen located in the upper section of the spacecraft9 
the reactor being in the uppermost position* The nuclear 
shielding is below and around the sides of the reactor* This 
particular shield configuration represents an- attempt to at
tenuate both the direct radiation and the radiation which 
would be scattered off the radiator panels*



The two radially mounted flat-panel high-temperature 
radiators required to reject waste heat from the power pro
duction equipment are shown extended as they would be in 
flighto They would provide an area of about 1200 square feet9 
radiating at 700oF o Attached to and below the primary radi
ators are the low-temperature secondary radiators required 
to reject the excess heat from the electronic and power con
version system* The secondary radiators provide an area of 
about 100 square feet, radiating at a nominal 200oF o The 
spacecraft would be oriented during flight such that the 
radiator panels would lie in the plane of the ecliptic*

Directly below and in the shadow of the radiation 
shield are located the two turbo-generator power conversion 
units* Beneath these, in the lower section of the spacecraft, 
is a spherical tank which would contain the propellant for 
the "thrust unit* Directly under the propellant tank would 
be the electronic and power conversion systems, and below 
these the 60 kw ion engine*

During boost, the radiators would be folded around 
the main body of the spacecraft, so that the complete space
craft could be enclosed by an aero-dynamic shroud* For com
munication purposes, both an omni-directional and a high-gain 
antenna system would be integrated into the spacecraft* Four 
omni-directional antennas woyld be located around the propel
lant tank* The high-gain antenna system would utilize a 9 
foot parabolic antenna on a support mounted near the propellant
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The scientific experiments which might be performed 

by the spacecraft upon arrival at Venus would be chosen to 
take advantage of the unique character of nuclear electric 
propulsion systems| that is9 the large Amount of power which 
can be made available and the wide bandwidth communication 
.transmitter which can be operated on this power = Beale sug
gested that for high-quality video transmission from Venus9 
a transmitter-radiated power of 10 kw might be utilized0 

Some of the typical scientific experiments which 
might be performed on Venus are as followsg

10 Magnetie-field measurements in inter-planetary 
space and adjacent to Venus«

20 Spectrophotbmetric measurements of the atmosphere0 
3« Radar probing of the atmosphere and planetary 

surfaceo
bo High-resolution video pictures of the planet’s 

cloud covero 
go Jupiter and Saturn.Vehicles

An electrically propelled space vehicle to Jupiter 
would begin its voyage in.a satellite orbit around the earth0 
Like the Mars vehicle, it would spiral for some time until 
escape were achieved. From then on it would follow a helio
centric spiral around the sun.. When about half of the orbital 
distance between the Earth and Jupiter had been covered9 the 
spaceship would reverse its thrust and continue on a solar
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spiral with negative pitch3 until it approached the orbit of 
Jupiter o After a programmed maneuver during which the ship 
would enter a trajectory around the planet9 the thrust would 
continue to act in a reversed direction and force it into a 
spiral descending towards the surface of Jupitero When the 
desired altitude had been reached9 the thrust would be cut 
off0 From then on9 the ship would move on a slightly ec
centric ellipse9 its total power being available for the 
transmission of video and other signals to the earth0 A 
stabilized platform, supervised by star seekers, could continue 
to provide a space-fixed reference system, while the antenna 
would be directed towards the earth by a programming device (18)0

Beale (5) suggested the Jupiter-capture spacecraft 
configuration shown in figure 8o20 The primary power systems 
for this vehicle would furnish one megawatt0 This configura
tion is. representative of high-pover-level designs0 This 
particular arrangement resulted in a circular, disc-shaped 
radiator panels which fold up, umbrella-fashion, for the 
boost flight. x

In the illustration, the nuclear reactor, primary 
shield, and two turbogenerator units are shown together with
in the large primary heat rejection radiator at the forward 
end of the vehicle. This radiator provides approximately 
3500 square feet of radiating surface at a temperature of 
about 1000°F.

At the aft end of the spacecraft, the propellant tank
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and ion engine can be seen. Between the two9 and taking ad- . 
vantage of any shielding acquired from the propellant mass9 
are the electronic packages (including the scientific pay
load) and the power conversion equipment. Surrounding this 
equipment lies the large secondary heat rejection radiator 
which is required to cool the electronic and power conversion 
components. This radiator provides about 1700 square feet 
of surface9 radiating at 200°Fo

The ion cluster is split in half to minimize inter
ception of the ion beam with the adjacent radiator structure. 
Steering of the spacecraft would be accomplished either by 
gimballing or by thrust modulation of the ion-engine modules.

During the flight from the Earth to Jupiter9 the 
spacecraft is oriented such that the radiator discs lie es
sentially in the plane of the ecliptic. The steerable com
munication antenna is continually directed toward Earth 9 where
as the. main body of the spacecraft gradually changes direction 
to satisfy the thrust-vector trajectory requirements previously 
described.

The scientific experiments which could be performed 
by the spacecraft upon arrival at Jupiter would be similar 
to those discussed for the Venus vehicle| such ass

1. Magnetic-field measurements in interplanetary 
space and adjacent to Jupiter.

2 . Spectrophotpmetric measurements of the Jovian 
atmosphere.



3 o Microwave-radiometry measurements of the Jovian 
radiation belts and ionosphere,

U-o Radar probing of the Jovian atmosphere and 
planetary surface,

5, High-resolutlon video pictures of the Jovian 
cloud structure,

A Saturn probe? if propelled chemically? would re~ 
quire a Hohmann transfer time of a little over 6 years. 
Equipped with an electric system? the probe would take about 
2,5 years? including' the time needed for spiraling around the 
Earth and Saturn (18), It would seem at first glance that 
with chemical propulsion it would be possible to achieve 
shorter times because of the greater thrust. However? when 
the greater mass of propellant for the chemical system is 
considered (specific impulse of chemical system being so muph 
smaller than for electrical propulsion systems)? it turns 
out that the transfer time for the chemical system is much 
longer than for the electrical propulsion system. Equation 
2,.18 and the discussion immediately following this equation 
illustrate this fact, 
h. Deep Space Probe

A very intriguing project would be a deep space probe? 
designed for a total propulsion time of about 3 years? and 
equipped with measuring instruments for cosmic radiation? 
magnetic and electric fields? and micrometeorites, It would 
first achieve escape from the gravitational field of the earth
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then escape from the solar gravity field» From then on9 it 
would simply orient its thrust vector radially away from the 
sun9 and transmit its data by an antenna whose pattern is 
roughly directed towards the sun. The guidance system for 
such a vehicle would be much simpler than the guidance system 
for planetary vehicles.

The deep space probe9 starting from a low altitude 
satellite orbit around the earth would have reached,, after 
a propulsion time of 3 years and an initial acceleration of 
lol6- x ICT̂ gs, a distance of about 6 x 10^ km which is a 
little farther than the orbit of Pluto (5<>9 x 109km) 0 If 
the ship kept coasting9 it would reach a distance of 10^0 km 
from the sun one year later. If the ship were launched with 
a chemical propelled booster from the ground into a Hohmann 
transfer ellipse which reached out to the orbit of Pluto 
the injection velocity would have to be about 42 km per 
second. The transfer time' would be >5 years (18).

Table 4 lists the characteristic data of ion propul
sion systems for the various missions discussed. Dr. Ernst 
Stuhlinger suggested the assumed values of specific power5 
time of propulsion and payload which might be typical of 
these missions.. The remaining values were calculated from 
equations and data discussed earlier.



CHAPTER 9 
CONCLUSION

Ion propulsion systems have been analyzed theoret
ically in a great number of studies„ The results indicate 
that such systems are technically feasible9 and that they 
may be utilized to advantage in a number of space vehicles 0 

^his thesis has attempted to summarize the salient 
features of the ion propulsion system^ define the inherent 
problem areas and point out some of the specific engineering 
goals which must be met to perfect the system»

Studies have shown that a number of well-defined 
problem areas exist in the development of the ion propelled 
space vehicleo v

Firsts an electrical power supply is required0 
Power for the ion rocket may be derived from several sources 
but at the present the nuclear reactor appears as the best 
choice due to the low weight requirement0 However9 the use 
of nuclear reactors creates various problems= Power con
version systems to convert heat into mechanical power and9 
in turn9 into electrical power should provide a high power 
output to mass ratio. If an increase of this ratio by 
orders of magnitude could be achieved 9 the performance of 
electrically propelled vehicles would improve very essentially.

100
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This search for lightweight power supplies should be one of 
the most urgent tasks for research and development. The 
SNAP-8 program? which is sponsored jointly by the NASA and 
AEG? is aimed at developing 30 kw at a weight-to-power ratio 
of around 50 pounds/kw0 This power system (or a 60-kw ver- * 
sion) will probably be used in the first orbital testing of 
electrical thrust units. Detailed design studies (e,g,?
SPUE) indicate the feasibility of using high-temperature 
operation to attain thrust levels from 300 kw to the megawatt 
level at weight-to-power ratios of 8 to 10 pounds/kw (20)»
It is probable that? by using direct conversion concepts 
currently under study? ratios as low as 3 pounds'/kw may be 
achieved early in the next decade? l.e,? by the time, ionic 
•and plasma propulsion comes into large-scale use for the 
exploration of the solar system. In addition? the search 
for heat rejection radiators with reduced surface area and 
weight? improved micrometeorite protection techniques? and 
increased efficiency will probably produce significant ad
vances.

Secondly? a highly efficient? rugged? simple? light 
and compact ion source must be developed, A promising choice 
appears to be the cesium surface ionization source with porous 
tungsten as the ionizing surface. Improvement of lower sur
faces temperatures? higher ionization efficiencies? and 
longer life-time is required. Reduction in weight and a 
decrease of complexity of other type sources should be



investigated to allow a much wider variety of propellants to 
be utilized0 Generation of negative ions for neutralization 
has not received much attention but could be profitably uti
lized if perfectedo It is believed that the positive space 
charges could be neutralized quickly and completely by gener
ating negative ions of about the weight of the positive ions* 
The search for such a source should be pursued with great 
efforto Electron generation for space charge neutralization 
appears to offer very little difficulty of accomplishment0

Thirdly% design of the acceleration system with its 
fundamental limitation of the erosion of electrodes and other 
engine structures Is a challenging problem0 Improved ion 
extraction with a high voltage9 with the closely allied prob
lem of voltage breakdown, and subsequent ion deceleration 
methods will convert a higher percentage of available elec
tric power into useful thrust0 It is desirable to evolve 
engines which will produce values of thrust density equal to 
about Ool pounds per .square foot* Current estimates are that 
the present or proposed engines will produce a thrust density 
of about OoOl to 0o02 pounds per square foot. Research in 
the problems of neutralization is not being limited to single 
ion beams, but is being extended to clustered ion engines 
with many narrowly spaced beams. Through clustering, it is 
felt that attractive levels of thrust can be obtained.

Fourthly, techniques for the neutralization of the 
ejected ion beams need careful theoretical and experimental
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investigationo In fact9 this area seems the most problematic 
of the entire ion -propulsion system. Again a feasibility 
study of negative ion generation for neutralization would be 
worthwhile.

Fifthly9 the propellants proposed for use in ion 
engines pose several problems. Corrosiveness? materials 
.compatability9 toxicity9 handling techniques9 cost and avail
ability are a few of these. In order to minimize the specific 
power demands from the vehicle9 it is desirable that the 
propellants produce heavy ions. At this time cesium is a 
good choice9 but methods of eliminating the resultant metal
lurgical problems need investigating.

Finally9 the integration of the propulsion system 
with the space vehicle9 i,e,9 structure and payload9 present 
varied problems, . Development goals are: the improvement of
radiator boost-phase packaging to minimize the complexity of 
unfolding and to reduce the size of the aerodynamic shroud 
during boost; the achievement of long lifetime and reliability 
for systems and components; and the obtaining of maximum ef
ficiency of the various integrated systems to maximize scien
tific payload capabilities and booster utilization.

X
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TABLE 1
ELBOTRIC-PROPULSION SPACECRAFT SYSTEMS AND COMPONENTS

Systems Sub-Systems of Major Components

Energy Source Reactor
Nuclear-radiation shield 
Primary Radiators 
Heat-transfer loops and controls

Power Conversion Turbogenerator units 
Transformers 
Rectifiers 
Secondary Radiators

Thrust Chamber Ion Source
Accel-decel Electrodes 
Electron Emitter

Propellant System Propellant Tank 
Feed equipment 
Propellant

Guidance and 
Control

Sensors
Information-processing unit 
Control Actuators

Instrumentation 
and Telecommunica
tion

Instruments
Transmitters
Receivers
Antenna

Structure and Thermal Control
Scientific Payload
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TABLE 2 (26)
SUMMARY OF ELECTRICAL POWER SUPPLY SYSTEMS

TYPE SPECIFIC WT. LB/KV7 OPERATING
LIFE

STATUS

Chemi cal 
Batteries 20 lb/kwh 50-200 days P
Gas Turbine 7-10 lb/kwh 0.5-5 hr. P
Fuel Cell 12 lb/kwh 30 days D

Radio-Isotoue 1000-3000 280 days D
Solar

Photovoltaic 50-200 Indef. D
Gas Turbine 10-20 Unk. R
Thermoelectric 100 Unk. R

Nuclear
Turbine 8-100 365 days D
Thermoelectric 100 Unk. R
Thermionic Unk, Unk. R

Fusion Unk. Unk. R

P - Production 
D - Development 
R - Research
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TABLE 3 (18)
POWER LOSS OF AN ION SOURCE,

caused b y r a d i a t i o n, as a function 
of surface te m pera ture.

Temperature 
( K)

Total Emissivity of W
Radiated Power (watts cm*2)

Cs Ion Current(ma cm~2) Radiated Power per ma
1100 0.128 1.06 0.088 12.0
1150 0.135 1.3^ 0.308 4.35
1200 0.143 1.68 1.08 1.55
1250 0.151 2.09 3.24 0.645
1300 ' 0.158 2.55 8.95 0.285
1350 0.167 3.14 23.0 0.136
1400 0.175 3.81 55.0 0.0693
1450 0.183 4.59 124.0 0.0370
1500 0.192 5.51 272.0 0.020
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