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Abstract 
 

The Stability And Control CONfiguration (SACCON) model represents an emerging trend 

in airplane design where the classical tube, wing and empennage are replaced by a single tailless 

configuration. The challenge is to assure that these designs are stable and controllable. Nonlinear 

aerodynamic behavior is observed on the SACCON at higher incidence angles due to leading edge 

vortex structures. Active Flow Control (AFC) used in preliminary design represents a promising 

solution to the longitudinal stability problems and this was demonstrated experimentally on a semi 

span model. AFC can be used to trim the SACCON in pitch and it alters forces and moments 

comparable to common control surface deflections. A combination of AFC and control surface 

deflection may increase the overall efficiency and opens up a variety of maneuvering possibilities. 

This implies that AFC should be treated concomitantly with other design parameters and should 

be considered in the preliminary design process already and not as an add-on tool. Integral force 

and moment data was supplemented by observations using Pressure Sensitive Paint (PSP) and 

flow visualization. Two arrays of individually controlled sweeping jets, one located along the 

leading edge and the other along the flap hinge provided the AFC input needed to alter the flow.  

The array positioned over the flap-hinge of the model was most effective in stabilizing the wing 

by decreasing the pitching moment at lower and intermediate angles of incidence. This effect was 

achieved by reducing the spanwise flow on the swept back portion of the wing through jet-

entrainment that also affected the leading edge vortex. Leading edge actuation showed some 

beneficial effects by inhibiting the formation of the leading edge vortex near the wing tip. A 

preliminary study using suction was carried out. The tests were carried out at Mach numbers 

smaller than 0.2 and Reynolds numbers based on the root chord of the model that approached 106. 
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1. Introduction 
 

In 1935, Adolf Busemann introduced the concept of swept-back wings at the Volta meeting 

in Rome. This important concept was a breakthrough that enables planes to fly at high subsonic 

and transonic speeds without encountering the typical drag rise associated with the formation of 

shocks. By sweeping the wing, the oncoming flow may be decomposed into a component normal 

and tangential to the leading edge, whereas only the normal component accelerates, becomes 

supersonic and gets decelerated by shocks. Therefore, wave drag can be significantly reduced and 

the critical Mach-number increased. However, spanwise flow proceeding from root to tip, leads to 

a thickening of the boundary layer along the span that may result in flow separation near the wing 

tip. Hazardous problems can occur during take-off or landing approaches due to a leading edge 

vortex whose lift off may lead to a tip stall that is accompanied by a nonlinear behavior of the 

pitching moment. The research on swept back wings peaked during the 1950’s when it was realized 

that building a safe and efficient airplane having a high degree of sweep-back is virtually 

impossible due to the poor stalling characteristics of these wings that affected adversely the 

longitudinal stability margin of an airplane using them. Although supercritical airfoils have been 

developed in the interim [1] [2], most transport airplanes have Ʌc/4 < 30° partly because of stability 

(this is particularly true when there are no pylons with pods hanging below the wings like on the 

MD-90). The low sweep-back angle limits the critical Mach number of transport airplanes to Ma 

~ 0.8 and that number has not been surpassed for many years. Only some military airplanes have 

higher leading edge sweep. They have delta, diamond or λ-shaped wings and the search for an 

optimum planform dedicated to a prescribed airplane mission is still ongoing. There is a particular 

focus on tailless aircrafts having a lambda (λ) planform and Blended Wing Body (BWB). The 

efficiency of such aircrafts is increased considerably when the fuselage is blended into the wing 

because the entire aircraft generates lift and the total wetted surface area is reduced by the blending. 

The drag and weight is even more reduced by the absence of the long tail that normally consists 

of a horizontal and vertical stabilizer. A λ-wing planform with a high sweep angle of the outer 

panel takes advantage of swept back wing properties yet it remains structurally strong. A very 

important factor for military purposes is the extremely good stealth design that such an aircraft 

brings with it. Unfortunately, all those BWB configurations with high sweep angles suffer from 

poor stalling characteristics during low speed flight. 
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This work addresses the SACCON, which is a concept for a military aircraft of the 

uninhabited kind. The design constraints to achieve e.g. long range, flying subsonic in medium 

altitude and good stealth properties, imposed on the Unmanned Combat Air Vehicle's (UCAV’s) 

are seldom aerodynamic in nature. High sweep results in complex flow over the wing especially 

at intermediate angles of attack where a leading edge vortex is formed, causing problems to 

directional and longitudinal control and stability due to nonlinear behavior of the pitching moment. 

A variation in the leading edge radius along the span complicates further the already complex 

vortical flow over the wings' top surface. The control surfaces on a tailless λ-shaped configuration 

have a small moment-arm length for pitch control and thus the SACCON was developed as a 

challenging exercise. Two different models were tested by Vallespin et. al. [3] that differed in the 

leading edge sharpness: Round Leading Edge (RLE) and Sharp Leading Edge (SLE). Active flow 

control in form of sweeping and subsonic steady jets were applied to the sharper leading edge 

SACCON model in an attempt to overcome its stability problems. 

Fluidic oscillators or sweeping jets were invented in the 1950’s for the use in analog 

computers and fluidic amplifiers. Since then, the interest in these actuators declined limiting their 

application to pulsating shower heads, wind-shield washers and irrigation systems. Only recently 

were the fluidic oscillators used in the aerospace research. In 2008 [4] they were used for AFC and 

proved their value for separation control on airfoils. The usage of sweeping jets might prove to be 

an effective tool to overcome the control and stability problems of swept-back wings.  

Experimental wind tunnel data is presented which was conducted using a five component 

balance and binary pressure sensitive paint. Additionally, flow visualization using tufts is 

provided. The core of this work focuses on the longitudinal stability of the SACCON and the 

ability to trim the airplane using AFC or control surface deflection.  

 

1.1. Sweepback 
 

When air is flowing subsonic around an airfoil, the flow experiences an expansion around 

the top surface leading to a point with minimum pressure and respectively highest Mach-number 

located somewhere close to the leading edge. Is now the flight speed of the airplane increased, the 

pressure minimum and local maximum Mach-number for this reference point increase 

concomitantly in magnitude. At some specific free-stream value, M < 1, which is dependent on 

the airfoil shape, i.e. thickness, nose radius etc., a local Mach-number of M = 1 can be reached at 
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the point of the pressure peak. The free-stream Mach-number once sonic flow is encountered on 

the airfoil is referred in the literature as critical Mach-number (Mcr). The importance of this value 

can be seen once the free-stream Mach-number exceeds Mcr. A region of supersonic flow starts to 

form on the top surface of the airfoil and it increases with velocity. The region of supersonic flow 

is terminated by a weak shock which is associated with total pressure losses. However, the total 

pressure losses are fairly small. Moreover, it is the adverse pressure gradient caused by the shock 

that is required to decelerate the flow to subsonic speeds, which provokes the boundary layer to 

separate and therefore causes a significant increase in pressure drag. The Mach-number at which 

the pressure drag starts to increase significantly is referred as drag divergence Ma-number (Mdd) 

[5]. Figure 1 shows schematically how a normal shock is formed and the associated raise in drag. 

This sketch however is not complete and a variety of different events are possible such as normal 

shock on the lower surface, relocation of normal shock, detached bow shock, interaction with 

geometry etc.. The pressure losses accompanied with various forms of shocks can become very 

significant. 

 

Figure 1. Sketch of normal shock formation (left) and drag coefficient as a function of Mach-number (right) 

 

One mean of delaying the formation of shocks and hence increasing the critical Mach-

number is to sweep back the wing. The free-stream velocity vector can be decomposed into 



17 

 

 

 

components that are normal and tangential to the leading edge. The flow over the wing is mainly 

governed by the normal component, which in fact is the leading parameter to describe the 

aerodynamic characteristics. Thus, by sweeping back the wing (0° < Λ < 90°) we can show that 

the velocity perpendicular to the leading edge is always smaller than the oncoming freestream and 

hence the critical Mach-number increases and the formation of shock-waves is delayed. The 

decomposition into normal and tangential component is following: 

 

The definition for Mach-number: 

𝑀 =
𝑢∞

𝑎
 

Where ‘u∞’ is the free-stream velocity component and ‘a’ the speed of sound of the medium. We 

can write following relationship: 

Normal Component: 

 

𝑢𝑁 = 𝑢∞ ∙ 𝑐𝑜𝑠𝛬 

𝑀𝑁 = 𝑀∞ ∙ 𝑐𝑜𝑠𝛬 

 

Tangential Component: 

𝑢𝑇 = 𝑢∞ ∙ 𝑠𝑖𝑛𝛬 

𝑀𝑇 = 𝑀∞ ∙ 𝑠𝑖𝑛𝛬 

 

Figure 2. Decomposition of free-stream velocity by sweeping the wings back 
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For example, the critical Mach-number for a wing with a sweep back angle of Λ = 45° increases 

by approximately 30% compared to a straight wing. However, swept-back wings exhibit reduced 

lift values at a given angle of attack since the normal component gets decoupled from the tangential 

component. Consequently, for low speed flights, especially take-off and landing, the incidence 

angle or flight speed must be increased in order to provide sufficient lift, see Figure 3 (a). 

Additionally, it can be seen in Figure 3 (b) that the spanwise load distribution on swept-back wings 

is far from being elliptical. The load is smallest at the root and increases towards the tip before it 

abruptly decreases again. The pressure distribution causes a spanwise flow starting at the root 

towards the tip, where the spanwise boundary layer grows. The ’upwash’ for such wings is higher 

at the tip, such that the tip region is at higher incidence and the flow tends earlier to stall and 

separate in this region. 

 

 

 

Figure 3. a) Effect of sweep on lift coefficient polar [6] and b) spanwise load distribution from root to tip for 

various wing planforms [7] 

    a)          b) 
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1.2. Separation/ Tip Stall/ Vortices 
 

Flow separation is a major problem in flight leading to stall and thus imposing limitations 

on the airplanes speed and angle of attack. There are different types of stall i.e. thin airfoil-, leading 

edge- and combined trailing-edge/leading-edge-stall, see Figure 4 [8]. Reynolds-number and 

geometry are the leading parameter causing flow separation. However, on highly swept-back wing 

configurations with sharp leading edges, i.e. delta- or lambda-Wing, three-dimensional effects are 

dominating and the flow that separates at the leading edge may form a so called leading edge 

vortex. This happens in a pre-stall state of flight and additional vortex induced lift is generated. 

Despite the positive effect of lift increment, severe stability problems are accompanied with those 

vortices. The SACCON is such configuration which is highly influenced by three-dimensional 

effects and it will be investigated within this framework. 

 

 

1. Figure 4: Types of flow separation and stall [8] 

 

As mentioned in the previous chapter, swept-back wings suffer from tip-stall once the 

flow separates. When the angle of attack is increased, the separation propagates inboard and causes 

hazardous problems regarding controllability and stability of such airplanes. Nonlinear effects 
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occur and the center of pressure changes its location quite abrupt. The primary geometrical 

parameters affecting this characteristics/behavior are sweep angle and aspect ratio [1], [9]. Already 

in 1957, NACA investigated the pitch-break instability that is mainly a function of those two 

parameters as is shown in Figure 5. Keeping the aspect ratio constant and varying the sweep back 

angle from Λc/4 = 0° to Λc/4 = 30° weakened the pitch down behavior yet the configurations 

remained statically stable, see Figure 5 (a). Increasing the quarter chord sweep to Λc/4 = 45° 

changed the pitch break to a statically unstable one. A further increase to Λc/4 = 60° led to a 

premature pitch down followed by a strong pitch up and making it difficult or impossible to 

maneuver such planes without proper wire to wire control. The effect of aspect ratio by keeping 

Λc/4 = 45° constant is shown in Figure 5 (b). It can be noted that highly swept back wings may 

remain statically stable if the wing is stubby with small aspect ratios. Increasing the aspect ratio, 

however, eventually causes the wing the pitch up. 

 

 

Figure 5. The effect on pitching moment of a) sweep with aspect ratio of 4 and taper ratio of 0.6 & b) aspect 

ratio with Λc/4 = 45° and taper ratio of 0.6 [1] 

 

Similar observations were made by ESDU in 2001 and their empirical data is shown in 

Figure 6 [9]. All configurations tested remained longitudinal stable if 𝐴 ∙ 𝑡𝑎𝑛 |Λ𝑐
4⁄  | ≤ 2.6 and 

unstable if 𝐴 ∙ 𝑡𝑎𝑛 |Λ𝑐
4⁄  | ≥ 3.0. For values of 2.6 < 𝐴 ∙ 𝑡𝑎𝑛 |Λ𝑐

4⁄  | < 3.0, the region in between 

the two solid lines, secondary effects became important and it couldn’t be concluded a priori 

whether the wing configuration shows a pitching instability or not. 99% of the configurations 

tested confirmed the validity of this chart. 

          a)                  b) 
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Figure 6. ESDU data sheet [9] relating aspect ratio and quarter chord sweep to longitudinal stability 

 



22 

 

 

 

In general, flow separation is caused by viscous effects combined with an adverse pressure 

gradient. In real flows, the no-slip condition (�̅� = 0  at  𝑦 = 0) at the solid boundary of any object 

needs to be satisfied. Consequently, away from the surface, fluid particles get decelerated caused 

by viscous shear stresses and a thin boundary layer forms. The retarded flow close to the surface 

has less momentum compared to the flow outside the boundary layer which can be treated as a 

broad region where viscous effects are not diffused into (ω = 0) and hence potential flow theory 

applies. If the low momentum fluid in the boundary layer experiences an adverse- or positive 

pressure gradient (𝑑𝑝/𝑑𝑥 > 0), say due to the shape of the airfoil, then the flow experiences a 

force in the opposite direction of flow. At some point, the shear stress at the wall (𝜏𝑤𝑎𝑙𝑙 = µ𝜕𝑢/𝜕𝑦) 

goes to zero and is followed by local flow reversal downstream. A separation bubble forms with 

recirculating flow in it and the flow is called to be separated. In the case of an airfoil, the local 

pressure gradient at some point x/c can be increased by increasing the angle of attack. Therefore 

the separation moves upstream by increasing α and a huge separated region on the top of the 

surface forms. In the two-dimensional case, the loss in lift and concomitantly the increase in 

pressure drag due to separation are large in stall. The decreased lift values are attributed to the 

decrease in curvature of the streamlines on the top surface of the airfoil. The streamlines around a 

symmetric airfoil at α = 0° (Figure 7 (a)) and flow separation at the leading edge at high angle 

attack (Figure 7 (b)) is presented. It shall be noted at this point, that there are indeed many more 

interesting flow features where i.e. flow reattachment can occur or the differences between laminar 

and turbulent boundary layers becomes important but this is not thought to be the topic herein. 

 

Figure 7. Streamlines around a symmetric airfoil [34] 

        a) Zero angle of attack                       b) High angle of attack 
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However, if the sweep angle is high enough, the flow becomes inherently three-

dimensional, whereas the spanwise component increases with increase in sweep angle. As of now, 

intensive research was spent on the flow structures of highly swept (ΛLE ≈ 60°) delta wings with 

sharp leading edges designed for operations above speed of sound. Once the airplane is lifting, a 

pressure difference between top and bottom surface is created, whereas Pbottom > Ptop. Therefore, 

the flow near the leading edge tries to curl around it. If the leading edge is sufficiently sharp, the 

flow cannot follow its contour (potential flow theory predicts an infinite velocity for flow around 

a sharp convex corner) and nature solves this singularity problem by letting the flow separate along 

its entire length [10]. The boundary layer separation at the sharp leading edge turns into a free 

three-dimensional shear layer and initiates a primary vortex which reattaches along the so called 

primary attachment line on the wing upper surface. Interactions of primary vortex and boundary 

layer on the upper surface give rise to the formation of a secondary vortex with opposite sign of 

vorticity compared to the primary vortex. The Reynolds-number has an effect on secondary or 

tertiary structures that might be apparent but it is not thought to have a strong effect on the primary 

vortex structure which separates solely due to the sharpness of the leading edge [11]. The primary 

vortex in general is the largest vortex structure in the system of vortices and its high rotational 

velocity in the vortex core induces a local low pressure region contributing to a suction force on 

the airplane. Forces and moments may be altered in a nonlinear fashion by the additional vortex 

induced lift or when vortex breakdown occurs resulting in sudden loss of lift. Especially 

asymmetric vortex breakdown is extremely problematic and may cause the plane to flip upside 

down. Figure 8 (a) - (c) shows schematically the development of the vortex structures on a delta 

wing at angle of attack in subsonic flow, flow visualization using dye streaks in water and a sketch 

of the spanwise pressure coefficient which is highly influenced by the vortices close to the leading 

edge. 
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Figure 8. Delta wing: a) sketch of vortex structure formation in subsonic flow at angle of attack [10]; b) flow 

visualization using dye streaks in water [12]; c) spanwise pressure coefficient  distribution [10] 

 

On blunt Leading Edges (LE) this concept is not applicable anymore since the flow is not 

necessarily prone to separation along the entire LE as it is for a sharp LE kind. The flow may 

remain attached entirely at low angle of attack and separation is a process that starts far aft at the 

leading edge in the tip region and then it progressively moves upstream with increasing incident. 

Here the onset, strength and location of the vortex is a function of various parameters as is shown 

in Figure 9. 

 

           b)                      c) 

            a)              
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Figure 9. Difference in flow separation of sharp and blunt LE model with highly swept wings [13]  

 

Since commercial airplanes, except for the not anymore operating Concorde, as well as 

many unmanned aircrafts do not go into supersonic flight regimes, their shape and especially 

leading edges are rather blunt than sharp. However, there is the desire of increasing the critical 

Mach-number in subsonic flight and this can be achieved by sweeping the wings. Nowadays 

commercial planes do not exceed sweep angles of approximately Λc/4 ≈ 35° because of the 

previously discussed pitching instability at intermediate lift coefficient (CL) values (Figure 5 (a) 

and (b)). Especially at high sweeps as that for Λc/4 = 60° a first pitch-down at low CL values can 

be observed followed by a strong pitch-up. It is the flow separation and vortex formation that has 

its onset far aft in the tip region downstream of the moment reference point that causes the initial 

pitch-down break. The additional vortex induced lift creates a suction force only contributing to a 

pitch-down effect in the initial state. Once the incidence is increased, the vortex moves upstream 

close to the moment reference point while also increasing in size and strength. Eventually it will 

pass the moment reference point and contributes to a pitch-up. It may happen at high incidence 

that the vortex starts to breakdown or lift off in the aft part and hence leading to an even stronger 

pitch-up effect. Those high non-linear effects are very hard to control and sensitive to many 
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parameters and can only be controlled by wire to wire maneuvering. As a matter of safety, 

commercial airplanes do not exceed sweep angles at which those vortex induced nonlinear effects 

occur. The safe regime of possible operational CL values, where the pitching moment (CLM) is 

linear dependent on CL, is limited to low lift coefficients making it unsuitable to take-off or land 

on common airports since the necessary high lift coefficient at low-speed flight are not obtainable. 

 

1.3. Wing Fence 
 

One attempt to diminish or at least to delay stall and flow separation is done by applying 

solid fences. These fences are aligned with the free stream, in some cases they wrap around the 

leading edge and their height exceeds the boundary layer thickness by at least one order of 

magnitude. They locally block the spanwise flow along the wing, thus altering the loading in the 

tip region. Therefore only wings with sufficient sweep angle require such devices. Due to the poor 

stalling characteristics of high aspect ratio and swept back wings as already discussed, fences are 

only needed in order to attain higher lift coefficient values at low speed flight and high incidence. 

Since the fences are not needed at high speed flight stages, one would have liked to retract them 

during cruise in order to avoid their drag penalty. For this reason, only some older airplanes had 

those fences applied. There is a vast number of examples, mostly military aircrafts, which made 

use of fences. Three different planes are shown in Figure 10 (a) – (c). In some instances (especially 

Figure 10 (c)) it is questionable if such big fence was really necessary. Nowadays alternatives to 

wing fences are vortilons (VORTex and pYLON), vortex generators, notched leading edge or 

dogtooth leading edge. If properly applied, all of them generate a predictable vortex helping to 

prevent low speed stall. They either energize the boundary layer due to momentum transfer 

keeping the flow attached, or creating a vortex that sweeps away the spanwise flow. Using those 

devices, the drag penalty is less severe compared to large wing fences and thus it is the choice of 

preference.  

 



27 

 

 

 

 

a) Sud Aviation Caravelle (commercial) [14] 

 

b) Republic RF-84F Thunderflash (military) [14] 

 

c) Shenyang J-6A (Mig-19PF) (military) [14] 

 

Figure 10. Three examples of airplanes having solid wing fences applied  
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Another lucrative approach is to make use of the ’fluidic fence’ idea as discussed by Tewes 

[15], which can provide similar results as the previously discussed passive geometrical 

modifications like solid fences, notched leading edge etc. but with some major advantages. 

Sparsely spaced sweeping jet actuators help reducing or eliminating the spanwise flow over the 

wing by creating a jet curtain. The big benefit of the ’fluidic fence’ is, that it can be applied only 

when needed. Also, such "fences" can be moved to different locations as the need may be and their 

momentum input can be regulated. Therefore the strength and location of a fluidic fence can be 

adapted to the various stages of the flight envelope. 

 

1.4. Static Stability 
 

There are six degrees of freedom (three in translation and three in rotation) for an airplane 

in flight. The majority of time, the airplane will be maneuvered through a steady state condition 

such as cruise, glide or climb for which static equilibrium is required. Three equilibrium states can 

be defined as: stable, unstable, and neutrally stable. A common model to describe the concept of 

stability is shown in Figure 11. Being static stable means that an object, like the ball in Figure 11 

(a), resist any displacement. A constant force is required in order to relocate the object from its 

equilibrium position. Is the force removed, the ball will always come back to its initial location. 

The static unstable case is shown in Figure 11 (b). Any displacement of the ball from its 

equilibrium positions results in an increase of the displacement even if the initial force is removed. 

And lastly Figure 11 (c) shows the static neutral case. There is no preferred direction of the ball if 

a force is applied in any direction. Once the force which is displacing the ball is removed, the ball 

will eventually come to rest and remain at its location without any further displacement. 

 

 

Figure 11. Three forms of equilibrium 

 

    a) stable               b) unstable               c) neutrally stable 
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This simple concept of disturbing the ball and its tendency of displacement can be 

transferred to an airplane and will be discussed in terms of the longitudinal (pitching moment) 

stability. Due to symmetry about the longitudinal axis of most airplanes, the rolling and yawing 

moment equalize to zero in steady state condition. In order to generate a yawing- or rolling moment 

for maneuvering, an asymmetry has to be imposed for example by deflecting control surfaces. 

 A disturbance in angle of attack to an airfoil could be introduced by a vertical gust, elevator 

deflection, air fluctuation etc.. Analogous to the example of the ball, there are three situation how 

the airplane could react in terms of pitch. A restoring pitching moment contributing to a nose-

down pitch as shown in Figure 12 (a) is considered being stable since it rotates the airplane back 

to its original position. When the opposite happens (unstable), Figure 12 (b), the airplane tends to 

increase the angle of incidence until it stalls with severe consequences. For the neutrally stable 

situation (Figure 12 (c)), the disturbance introduces a change in angle of attack at which the 

airplane will remain after the disturbance has vanished. Mathematically it can be expressed as 

following in coefficient form: 

 

Statically stable:   
𝑑𝐶𝐿𝑀

𝑑𝛼
< 0             (1) 

Statically unstable:   
𝑑𝐶𝐿𝑀

𝑑𝛼
> 0             (2) 

Neutrally stable:   
𝑑𝐶𝐿𝑀

𝑑𝛼
= 0             (3) 

 

 

 

 

Figure 12. Three forms of equilibrium in pitch 

 

Trimming the airplane is necessary in order to keep it in equilibrium. In terms of the 

pitching moment we require CLM = 0 for pitch trim [16]. For conventional planes, the elevator 

a) stable                b) unstable                      c) neutrally stable 
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located at the tail introduces the necessary counter moment in order to keep the airplane trimmed 

over a broad range of incidence α or lift coefficient CL respectively. The ΔCL generated by 

deflecting the elevator is usually negligible due to the small size of this control surface. For blended 

wing bodies however, any control surface that is able to generate a pitching moment is used for 

trimming which are in most cases the flaps located close to the trailing of the model. Those control 

surfaces have a fairly short lever arm compared to the elevator on an airplane that consists of a 

tail. Therefore, sufficient moment on a tailless configuration must be provided by large forces 

rather than the lever arm. This however indeed generates a ΔCL that is significant and cannot be 

neglected anymore. Concomitantly the value of CLM,0 is altered as well. Together with the strong 

nonlinearities at intermediate to high CL values (for highly swept wings such as the SACCON), a 

high complex control problem is present and linearized control theory is inadequate in order to 

keep the airplane at trim [17]. Active flow Control offers an alternative to common control surface 

deflections that can be used for trimming instead as will be demonstrated later. Furthermore, a 

closed form solution that enables the calculation of the required flap deflection or momentum input 

to keep the airplane trimmed at various incidence angles α is provided in 3.1 Trimming the airplane 

and verified based on the experimental data for the SACCON model. 

 

1.5. Fluidic Oscillator 
 

In the mid-20th century fluidic oscillators were invented at the Harry Diamond Research 

Laboratories [18]. Since then various designs and different shapes were developed. Some may 

have sharp internal edges and others may be rounded. Sometimes a splitter plate is placed at the 

exit of the jet in order to create two pulsating jets. A combination of suction and blowing by 

applying suction holes which are feeding into the wake of the ejector proved to be efficient to 

increase the total mass flow through the actuator [19]. For the sake of this thesis, only one type of 

fluidic oscillator shall be described, which was the only kind used in this work and a sketch can be 

seen in Figure 13. From left to right, the actuator consist of: pressure supply chamber, main 

chamber which is embraced by a feedback channel on both sides and finally followed by an exit 

nozzle where the oscillating jet emanates. The interest in those types of actuators for the application 

in aeronautical applications is still rising since their effectiveness on flow separation has been 

proven by numerous researchers quite recently [15] [20]. The actuators do not inhibit any moving 
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parts, are lightweights and their production as well maintenance are cheap and simple, thus 

offering a worthwhile alternative to replace the heavy and complex high-lift systems which are 

nowadays applied on aircrafts. 

 
Figure 13. Sketch of actuator [19] 

 

1.5.1. Working Principle 
 

By supplying the actuator with pressurized air, a pressure differential is driving the flow 

from supply plenum through the main chamber. The air passing through the actuator’s entrance 

nozzle attaches itself randomly to one of one of the two symmetrical sides in the main chamber 

what is known as the Coanda-Effect. The bending of the main jet and its impingement on the inner 

wall of the exit nozzle increases the pressure at the inlet to the feedback channel, thus promoting 

a backflow in the feedback channel, which is pushing the entering main jet to the opposite side. 

Figure 14 schematically shows the working principle of a fluidic oscillator with round edges at 

two different time instances. Now the same process repeats itself on the other side so that a 

periodically oscillating jet emanates the actuators exit simply introduced by the feedback channel 

mechanism. Due to the sweeping motion more area gets covered compared to steady blowing with 

equal nozzle exit area and mass flow. Former studies revealed a higher effectiveness of sweeping 

jets compared to steady ones, when used for flow separation control. Savings in momentum 

coefficient as high as two orders of magnitude for a prescribed performance improvement were 

reported by Greenblatt et. al. in [21]. A surface flow visualization carried out by R. Woszidlo [22], 

where steady jets were compared to sweeping jets, is given in Figure 15. The upper image is 

without freestream and the bottom image with freestream. The qualitative effect and their inherent 

difference can be seen in both flow condition scenarios. The sweeping jets cover a much broader 

area and are also much more efficient to keep the flow attached over the δ = 40° deflected flap 
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when blowing over the hinge (Figure 15 bottom) while the moment coefficient for both 

configuration was maintained the same. 

 
        t = t0                  t = t0 + dt 

Figure 14. Sweeping jet actuator working principle [23] 

 

 

 

 

 
Figure 15. Comparison of steady jets (left) to sweeping jets (right) applied over the hinge of a δ = 40° 

deflected flap. Top images without freestream and bottom images with freestream. [22] 
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1.5.2. Parameters affecting the sweeping motion 
 

There are a vast number of parameters that have to be considered when AFC is applied. 

To compare different configurations with different numbers of actuators, the momentum 

coefficient, jet velocity as well as mass flow have to be carefully documented. Even when the 

momentum coefficient is an important parameter while comparing various actuation 

configurations, it is also necessary and important to compare the total mass flow and jet velocity. 

By keeping the Cµ value constant but changing the number of active actuators, mass flow and jet 

velocity change respectively. For a constant momentum coefficient but less active actuators, the 

mass flow decreases and the jet velocity increases. An increase in jet velocity will cause shocks at 

the end of the nozzle when the speed of sound is reached and the efficiency of entraining 

surrounding fluid may decline as well as the sweep angle decreases. All parameters calculated in 

this work are based on the assumption of an incompressible medium even though this is not the 

most realistic representation of the flow through the actuators. Also, it is assumed that the jet 

density at the nozzle exit is equal to the free-stream density. 

The traditional leading parameter in separation control when AFC is applied is the jet 

momentum coefficient Cµ. It describes the additional inserted momentum compared to the free-

stream. For this work, the entire wing area, Awing, was used to calculate the coefficient. The 

question arises if the momentum coefficient Cµ or the volume flow coefficient CQ is the governing 

parameter for active flow control with respect to the sweeping jet actuation system. The 

momentum coefficient (Equation 4) describes the physical characteristics of the inserted 

momentum compared to the momentum of the free-stream, while the volume flow coefficient 

(Equation 5) represents the total volume flow inserted into the system. 

 

Momentum Coefficient: 

𝐶µ = 2 ∙
𝑛 ∙ 𝐴𝑗𝑒𝑡

𝐴𝑤𝑖𝑛𝑔
∙ (

𝑢𝑗𝑒𝑡

𝑢∞
)

2

 

 

By keeping the momentum coefficient constant, but increasing the number of actuators, 

the volume flow and the corresponding mass flow increases. This is a major parameter, which has 

to be considered once someone wants to use the available pressure system in a plane as air supply. 

It is conceivable that pressurized air will be taken from different stages of the aero-engines’ 

(4) 
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compressor depending on the required pressure and mass flow or maybe from the auxiliary power 

unit (APU). It might also be possible to introduce a new small compressor that provides enough 

pressurized air for the actuators.  

 

Volume Flow Coefficient: 

𝐶𝑄 =  
�̇�𝑎𝑐𝑓𝑚

𝐴𝑤𝑖𝑛𝑔 ∙ 𝑢∞
 

 

A flow meter was used to measure the volume flow. Equation 6 was used to correct the 

measured flow rate with the supply pressure and thus to obtain the actual flow rate, since the flow 

meter was calibrated for standard atmosphere. 

 

Corrected Flow Rate: 

�̇�𝑎𝑐𝑓𝑚 =  �̇�𝑠𝑐𝑓𝑚 ∙ √
𝑝𝑔𝑎𝑢𝑔𝑒 + 𝑝𝑎𝑡𝑚

𝑝𝑐𝑎𝑙
 

 

The mass flow can be calculated as following: 

Mass Flow: 

�̇� =  𝜌 ∙ 𝑛 ∙ 𝐴𝑗𝑒𝑡 ∙ 𝑢𝑗𝑒𝑡 

 

Using the conservation of mass together with the assumption of an incompressible medium 

leads to Equation 7 to calculate the jet velocity. 

 

Jet Velocity: 

 𝑢𝑗𝑒𝑡 =  
�̇�𝑎𝑐𝑓𝑚

𝑛 ∙ 𝐴𝑗𝑒𝑡
 

 

The sweeping jet frequency was investigated in [22] where hotwire measurements were 

conducted for various flow rates and for different spacing’s between the actuators. Figure 16 

illustrates that the sweeping jet frequency is just a function of flow rate per actuator for a given 

actuator size and shape. For subsonic speed up to ujet = 250m/s, the sweeping jet frequency is 

(5) 

(6) 

(7) 

(8) 
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almost linearly proportional to the flow rate. For higher velocities, the increase in sweeping jet 

frequency is flatter most likely due compressibility effects. Sweeping jet actuators are limited in 

their sweeping frequency and volume flow when sonic speed is reached. Those results obtained 

by R. Woszidlo were conducted for sharp-edged actuators of a given size. Values can vary due to 

different shape or size of an actuator but the trends remain essentially the same. 

 

Figure 16. Sweeping jet frequency vs. volume flow rate per actuator for three different spacing 

 

 

 

1.6. Active Flow Control (Interaction with Boundary Layer) 
 

In 1904, Ludwig Prandtl published his famous paper “On the concept of the boundary 

layer” and outlined the importance of boundary layer separation prevention accomplished by 

suction. High momentum fluid farther away from the surface replaces low momentum fluid close 

at the solid boundary by simply sucking it off. Hence, the velocity profile is ‘fuller’ and more 

resistant to an adverse pressure gradient. Similar effects can be obtained by tangential blowing in 

order to re-energize the boundary layer in the region close to the surface. However, the application 
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to real airplanes in production is very limited i.e. Lockheed F-104 or MIG-21. Strong blowing 

using jet exhaust or high-pressure bleed air from the compressor which gets redirected over the 

trailing edge flaps increases the lift at low velocities. Some military aircrafts made use of this 

mechanism enabling them to start on shorter runways such as on aircraft carriers. 

 The main reasons for a limited application are firstly problems to integrate the complex 

plumbing system into the wing structure and concomitantly its weight and secondly to deliver the 

necessary mass flow that was required to obtain the desired lift enhancement [21]. 

Sweeping Jets in contrary to steady jets are much more effective for several reason. First 

off, they reenergize the boundary layer like a steady jet but do so over a wider area due to the 

sweeping motion (sweep angle of oscillating jet is about 70°), leading to mass flow savings in 

order to cover the desired surface where separation occurs. Further, when applied in laminar 

boundary layer, the turbulent jets emanating the actuator causes a premature laminar-turbulent 

transition and thus making the flow more sustainable to separation. Ultimately, flow entrainment 

and the related momentum transfer helps to keep the flow attached to the surface. 

Surface flow visualization via china-clay again taken from [22] is presented in Figure 17 

and shows the interaction of two adjacent actuators. Downstream of the actuators exit nozzle and 

in-between their axis of symmetry, there is a region of recirculating flow visible. A pair of counter 

rotating vortices is formed and referred as necklace vortex. Those are convecting in stream wise 

direction as sketched in Figure 17. The entrainment of flow from the outer region transfers higher 

momentum fluid closer to the surface and transports low velocity fluid away. Strength and location 

of the necklace vortex are highly dependent on the interaction of both sweeping jets which may be 

a function of relative distance to each other, jet exit velocity, frequency, total sweep angle of each 

jet as well as freestream velocity. Despite the effects which can be seen downstream of the 

actuators, a significant upstream effect (upstream of actuator exit nozzle) due to flow entrainment 

that alters the pressure field can be achieved and was shown in [24]. This was demonstrated using 

flow visualization technique by the means of tuft images and by visualizing the pressure contours 

using pressure sensitive paint. 
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Figure 17. Necklace Vortex 

 

1.7. Boundary Layer Independence Principle 
 

The Boundary Layer independence principle is well known for laminar, two-dimensional 

flows. It states that the chordwise boundary layer equations are independent of those for the 

spanwise flow. Thus, the chordwise component is decoupled from the spanwise one and can be 

calculated independently. For turbulent flow, however, it was believed that this principle is not 

applicable. Tests carried out in 1955 by Ashkenas et. al. [25], indicated the non-applicability to 

turbulent flows. Recent results by Wygnanski et. al. [26] show that the independence principle 

does apply to turbulent flows and it was verified experimentally. It was concluded that former 

results in [25] were erroneous due to measurement techniques used which were state of the art 

many years back then. In the meantime more mature means to measure velocity profiles were 

developed and used in the most recent studies. Even though the independence principle is only 

applicable for incompressible flows over an infinite span model, such that changes in spanwise 

direction are zero, its fundamentals are inevitable for the current investigation of this thesis and 

should be briefly recapitulated. The principle finds its application in inherently three-dimensional 



38 

 

 

 

flows as a good first order approximation whenever ∂/∂z is small and compressibility effects are 

negligible, i.e. low speed flights. 

Based on the coordinate system shown in Figure 18, 𝑢(𝑥, 𝑦) being the velocity component 

normal (x-direction) to the leading edge and 𝑤(𝑥, 𝑦) parallel (z-direction), the steady, 

incompressible boundary layer equations over an infinite yawed plate are (neglecting gravitational 

effects): 

 

Continuity: 

𝜕𝑢

𝜕𝑥
+

𝜕𝑣

𝜕𝑦
+

𝜕𝑤

𝜕𝑧
= 0 

x-momentum:  

𝑢
𝜕𝑢

𝜕𝑥
+ 𝑣

𝜕𝑢

𝜕𝑦
+ 𝑤

𝜕𝑢

𝜕𝑧
= −

1

𝜌

𝜕𝑝

𝜕𝑥
+ 𝜈 (

𝜕2𝑢

𝜕𝑥2
+

𝜕2𝑢

𝜕𝑦2
+

𝜕2𝑢

𝜕𝑧2
) 

y-momentum:  

𝑢
𝜕𝑣

𝜕𝑥
+ 𝑣

𝜕𝑣

𝜕𝑦
+ 𝑤

𝜕𝑣

𝜕𝑧
= −

1

𝜌

𝜕𝑝

𝜕𝑦
+ 𝜈 (

𝜕2𝑣

𝜕𝑥2
+

𝜕2𝑣

𝜕𝑦2
+

𝜕2𝑣

𝜕𝑧2
) 

z-momentum:  

𝑢
𝜕𝑤

𝜕𝑥
+ 𝑣

𝜕𝑤

𝜕𝑦
+ 𝑤

𝜕𝑤

𝜕𝑧
= −

1

𝜌

𝜕𝑝

𝜕𝑧
+ 𝜈 (

𝜕2𝑤

𝜕𝑥2
+

𝜕2𝑤

𝜕𝑦2
+

𝜕2𝑤

𝜕𝑧2
) 

 

Those equations can be simplified by noting that the changes in spanwise direction are zero 

such that ∂/∂z = 0. Carrying out an order of magnitude analysis, where the length scale in stream 

wise direction is much larger than in transversal direction, say ‘x’ scales with the cord length of 

the plate and ‘y’ with the boundary layer thickness, the y-momentum equation simplifies to ∂p/∂y 

≈ 0. This result could have been already expected and is the same as for the two dimensional 

incompressible boundary layer equation stating that the change of pressure in the boundary layer 

normal to the plate’s surface is negligible and the pressure is imposed from the outer region. Since 

spanwise changes are not possible the pressure must be a function of 𝑥 only, say                                 

𝑝 = 𝑝(𝑥), whereas over a flat plat at no incidence 𝑑𝑝/𝑑𝑥 = 0 and thus 𝑝 = 𝑝(𝑥) = 𝑝∞. Using the 

same scaling, it can be concluded that ∂2/∂x2 << ∂2/∂y2 such that the viscous term simplifies 

(9) 

(10) 

(11) 

(12) 
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correspondingly. For laminar flow we also have τxy  =  µ ∂u/ ∂y, τzy  =  µ ∂w/ ∂y and ν =  µ/ρ 

we are left with following system of equations: 

 

Continuity: 

𝜕𝑢

𝜕𝑥
+

𝜕𝑣

𝜕𝑦
= 0 

x-momentum:  

𝜌 (𝑢
𝜕𝑢

𝜕𝑥
+ 𝑣

𝜕𝑢

𝜕𝑦
) =

𝜕𝜏𝑥𝑦

𝜕𝑦
 

y-momentum:  

𝜕𝑝

𝜕𝑦
= 0 

z-momentum:  

𝜌 (𝑢
𝜕𝑤

𝜕𝑥
+ 𝑣

𝜕𝑤

𝜕𝑦
) =

𝜕𝜏𝑧𝑦

𝜕𝑦
 

 

Applying the boundary conditions that must be satisfied: 

 

At y = 0:  

𝑢 = 𝑤 = 0 

At y → ∞: 

𝑢 → 𝑈𝑒 = 𝑈∞𝑐𝑜𝑠𝛬 

𝑤 → 𝑊𝑒 = 𝑈∞𝑠𝑖𝑛𝛬 

 

We see that the x-momentum equation as well as continuity are independent of the w-

velocity component, and hence those equations can be solved independently without any 

knowledge of Equation 16. Since Equation 14 and 16 are identical as well as their boundary 

conditions, the solutions are proportional to each other, solely depending on the proportionality 

constant Λ, which is the sweep angle. In turbulent flow, if u(x, y) is proportional to w(x, y), then 

the shear stresses τxy and τzy should be proportional to each other alike, and this includes the 

Reynolds stresses. For many years it was believed that the turbulence and the associated velocity 

fluctuation is the cause for the coupling of the momentum equations, particularly due to the v’ 

(13) 

(14) 

(15) 

(16) 

(17) 

(18) 

(19) 
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fluctuation affecting the Reynolds stress terms ρu’v’̅̅ ̅̅ ̅̅  and ρw’v’̅̅ ̅̅ ̅̅ ̅. The inapplicability to turbulent 

flow was not explainable till recently. It turned out that a flattened pitot-tube was used to measure 

the velocity profiles close to the surface, which was susceptible to major integration errors close 

to the wall. However, Wygnanski et. al. showed experimentally that the independence principle 

does apply to turbulent flows as the theory suggests. Those results shall not be discussed at this 

point and the reader should solely take to notice, that the independence principle indeed does apply 

to turbulent flows. 

 
Figure 18. Independence principle coordinate System [26] 

 

Wind-tunnel experiments on a finite λ-shaped wing carried out by Tewes [15], indicate that 

the turbulent boundary-layer independence principle is also applicable in the presence of a pressure 

gradient. In fact, more general on a swept-back wing, it is the  ∂p/ ∂x  that causes only the normal 

component to decelerate and hence making it susceptible to flow separation while the spanwise 

component may still be attached. Therefore, all attention, when active flow control is applied, 

should be payed to the component that undergoes the effects of an adverse pressure gradient and 

not be wasted on the spanwise component. Most effective is the application of AFC close to the 

line where the chordwise component becomes stagnant, which is in a region somewhat close to 

the trailing edge for swept-back wings. In that region the spanwise flow is clearly dominating the 

flow field as can be seen on a lifting wing as shown in Figure 19. 
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Figure 19. Wall streamlines on a swept-back wing [27] 

 

 

As a proof of concept, Tewes equipped a λ-shaped wing at the flap hinge in one case with 

an actuator array whose actuator axis’ was aligned with the free-stream and in the other case whose 

axis’ was normal to the flap hinge or trailing edge respectively. China-clay flow visualization for 

each configuration show the expected. While the flow partially separates on the configuration 

where blowing is applied with the freestream, the case where the actuators are tilted normal to the 

trailing edge reveals a much more clear picture (see Figure 20), suggesting a broader region of 

attached flow. Force measurements carried out verified this trend. While the first mentioned case 

increased the lift coefficient by ΔCL,free-stream = 0.29, the second mentioned was able to achieve an 

increase of ΔCL,TrailingEdge = 0.37, at angle of attack α = 0° and flap deflection δ = 30° and otherwise 

identical flow condition. To reinforce the applicability of the turbulent boundary layer 

independence principle with pressure gradient, someone should note that the leading edge of the 

wing was swept-back at Λ = 40° and that ΔCL,free-stream / ΔCL,TrailingEdge ≈ 0.783 which correlates 

nicely to the proportionality constant cos(Λ = 40) ≈ 0.766. The slight difference in those values 

may have been caused by secondary effects, planform and violation of ∂/∂z = 0. But this important 

results gave rise to base the actuation on the model used for this thesis, on exactly that 

aforementioned concept, namely aligning the actuators normal to the flap hinge line. 
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Figure 20. Wall streamlines over outboard flap δ = 30°, α = 4° and Cµ = 3% [15] 

 

1.8. Pressure Sensitive Paint (PSP) 
 

Pressure measurements in wind-tunnel tests are an important part while analyzing 

aerodynamic effects on various models. Especially for aerospace applications, pressure data plays 

a prominent role when assessing the airplane or wing performance and the aerodynamic behavior. 

PSP is the first optical measurement technique that captures the surface pressure distribution on 

the entire model, even for complex aerodynamic flow behaviors. The data obtained can for 

example be used for flow visualization in order to reveal vortex footprints or areas with attached 

and separated flow. Furthermore, complete surface pressure integration enables someone to 

calculate the aerodynamic loads acting on the model. PSP is one method to obtain surface pressure 

data besides the more conventional technique utilizing multiple pressure taps. However, the 

advantages of PSP are evident. It is non-intrusive compared to traditional pressure taps which 

require small diameter drilled holes into the surface and their cavities can influence the flow over 

the model. Furthermore, PSP offers a much better spatial resolution and is beneficial in cases where 

it is not feasible to apply pressure taps in very thin model cross section, since the tubing has to be 

applied in the inside of the model. However, in order to get quantitative PSP results, the paint 

needs to be calibrated, requiring a few pressure taps (in-situ calibration) or reliable CFD data. In 

this work binary PSP was used and its basic principle is explained in the following sections. 

 

1.8.1. PSP Basic Principle 
 

Pressure sensitive paint is based on the process of luminescence and oxygen quenching. 

Typically, PSP consists of two layers: a screen layer and an active polymer layer. The screen layer 

          a) aligned with freestream                        b) aligned normal to hinge 

                    c) 
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is the foundation and is composed of a white paint, which reflects light while also creating a 

uniform layer on the models surface. The active polymer layer inhibits the polymer binder, which 

is highly permeable to oxygen as well as a pressure sensitive luminescent probe (dye) is dispersed 

within the polymer [28].  

When the luminescent molecule absorbs a photon of a specific wavelength, it is excited to 

an upper singlet energy state. The excitation wavelength of the molecule is highly dependent on 

the dye molecule in the binder. The electrons which are situated in an unstable higher energy state 

have the tendency to go back to their stable ground state after a characteristic lifetime. Thereby, a 

photon of a longer wavelength is emitted which can be seen as a glow. Various relaxing processes 

are possible depending on absorbed energy and surrounding conditions and a Jablonski-Diagram 

can be used to describe the various pathways that are possible. In general, different molecules have 

different characteristics. Ruthenium-based paints for example get excited at a wavelength of 

λwave  =  450nm  and the emission wavelength is λwave  =  620nm. In comparison, the 

excitation wavelength for pyrene-based paint is λwave  =  340nm and the emission wavelength is 

λwave  =  450nm [29]. If the fluorescent molecules come in contact with an oxygen molecule, 

they transfer some of their energy to a vibrational mode of the oxygen molecule. Hence, the dye 

discharges without luminescence and the emitted light intensity weakens. This process (an excited 

luminescent molecule collides with an oxygen molecule) is called oxygen quenching. The greater 

the partial pressure of oxygen, the greater the quenching effect. Thus the luminescence intensity is 

inversely proportional to the partial oxygen pressure, resulting in a pressure dependent 

luminescence intensity. Figure 21 shows schematically the process of luminescence and oxygen 

quenching. 

 
Figure 21. Schematic process of luminescence and oxygen quenching [29] 
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It is the oxygen dependent luminescence intensity that enable the calculation of surface 

pressure. The process of oxygen quenching can be described mathematically by the Stern-Volmer 

relation as: 

𝐼max

𝐼
= 1 + 𝐾𝑆𝑉 ∙ 𝑄 

 

𝐼𝑚𝑎𝑥 describes the maximum intensity in vacuum, or in other words in the absence of 

oxygen, whereas 𝐼 stands for the intensity of luminescence measured. 𝐾𝑆𝑉 is the Stern-Volmer 

quenching constant that is dependent on the luminescent molecule, and Q describes the quencher 

concentration which is proportional to the concentration of oxygen. 𝐼𝑚𝑎𝑥, 𝐾𝑆𝑉  and 𝑄 are all 

temperature dependent. Henry’s law is used to calculate the oxygen concentration 𝑄 in the binder 

since the luminescent molecules of the PSP are embedded in it. 

 

𝑄 = 𝑆 ∙ 𝑋 ∙ 𝑝 

 

𝑆 is the Henry’s law coefficient (temperature dependent), 𝑋 describes the mole fraction of 

oxygen in the air and 𝑝 the static pressure. The Stern-Volmer equation can be rewritten by 

substituting Equation 21 into Equation 20. 

 

𝐼max

𝐼
= 1 + 𝐾𝑆𝑉 ∙ 𝑆 ∙ 𝑋 ∙ 𝑝 

 

Now the pressure dependency can be clearly seen. The luminescence intensity is inversely 

proportional to the partial pressure of oxygen. If the static pressure p rises, the intensity I has to 

decrease; concomitantly, if the static pressure p decreases, the intensity I is rising and the following 

pressure dependent luminescence intensity indicates pressure differences on the models surface. It 

should be stated at this point that Equation 21 is the simplest form of Henry’s law that assumes a 

linear relationship between concentration of oxygen in the binder 𝑄 and static pressure 𝑝 on the 

models surface. The assumption of linearity is adequate enough for most coatings and 

experimental conditions. The problem that lies with Equation 22 is that it’s not applicable for 

experiments because it’s not usually possible to obtain the value for the maximal intensity 𝐼𝑚𝑎𝑥 

(20) 

(21) 

(22) 
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for an experimental setup, since total absence of oxygen is needed. A more applicable form can be 

seen in Equation 23.  

𝐼ref

𝐼
= 𝐴(𝑇) + 𝐵(𝑇) ∙

𝑝

𝑝𝑟𝑒𝑓
 

 

The ’ref’ subscript in Equation 23 stands for a "wind-tunnel off" condition and serves as a known 

reference condition, where the static pressure is constant over the entire surface. The other 

condition is with "wind-tunnel on". A and B are temperature dependent coefficients and coating 

properties which have to be determined in an experimental calibration. After calibrating the system 

and taking reference pictures with no air flow, Equation 23 is a proper tool to measure and calculate 

the pressure on the model’s surface [30]. 

 

1.8.2. Binary PSP  
 

The PSP data presented in the result section was acquired using the binary PSP from 

Innovative Scientific Solutions, Inc. (ISSI). The paint specifications are given in Figure 22 (a) and 

(b). The paint consists of an oxygen-permeable translucent binder doped with two different 

luminophores that require external excitation by light of is λwave = 380 to 420nm wavelength. Both 

luminescent molecules emit light of different wavelength, see Figure 22 (b). One component of 

the paint is sensitive to O2 concentration and temperature (signal probe) while the other is only 

sensitive to temperature (reference probe). The reference probe in the binary paint is used for 

intensity corrections of a non-homogenous distribution of illumination, variations in paint 

thickness or temperature differences across the models surface. These variations are eliminated by 

taking the ratio of wind-off and wind-on images for both luminescent molecules and subsequently 

the ratio of this ratio. Thus, using binary PSP is less erroneous compared to single-component PSP 

and superior at low-speed wind tunnel tests where pressure gradients are comparable small and 

any slight error introduced can falsify the results severely. Figure 23 shows schematically the data 

acquisition for binary PSP. A light source excites the paint and two individual images of the 

luminescent field are acquired. A monochromatic camera with two appropriate filters can be used 

for that purpose. However, using this approach may introduce errors since both images cannot be 

acquired at the same time. To avoid time dependent errors a color camera with RGB chip can be 

used and both images of signal and reference probe can be taken simultaneously. The Signal is 

(23) 
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then separated on the chip in its components: red, green, blue. The only disadvantage here is the 

loss of image resolution since ¼ of the pixel belong to the red and blue channel each and the other 

½ of the remaining pixel to the green channel. This also implies a slight pixel shift of signal and 

reference image whose error was found to be negligible within this work. 

 

   

 

Figure 22. Binary paint BF-400 specification [31] 

 

 

 
Figure 23. Sketch of PSP data acquisition 

          (a) Paint properties                    (b) Operating spectra 
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2. Experimental Setup, Instrumentation and 

Data Acquisition 
 

This chapter describes the experimental setup including the wind-tunnel, semi-wing 

model with its actuator location and the configurations presented as well as the PSP set-up and 

data acquisition.  

 

2.1. Wind-tunnel and balance 
 

The model was tested in the 3ft x 4ft closed-loop wind tunnel at the University of Arizona 

(UA), see Figure 24 left. The tunnel is capable of speeds ranging from 5m/s to 80m/s while the 

mean flow uniformity is better than ±0.5% across the operating range. The temperature in the test 

section can be maintained within 1°F throughout the entire speed range by chilled water passing 

through a heat exchanger located downstream of the fan. An artificial wall was inserted in order 

to minimize the interaction between the semi-span wing model root and the side wall boundary 

layer. All forces and moments were measured with a five-component (normal/axial/pitch/yaw/roll) 

external pedestal balance. Forces generated by pressurizing the air supply hoses bridging the 

balance were minimized by using a set of hoses that were routed symmetrically along the balance, 

see Figure 24 right. Ideally, only side forces are being introduced in the system, which are not 

measured by the five-component balance. However, the measured forces and moments were 

corrected for residual errors introduced by pressurizing the air supply hoses. 

 

      
 

Figure 24. Wind-tunnel (left) & Balance with pressure supply hoses (right) 
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2.2. Semi-span model: SACCON 
 

 

The SACCON tailless aircraft model represents a generic planform of a UCAV assigned 

by task groups within the NATO Science and Technology Organization (NATO STO) to assess 

stability and control prediction methods for NATO unmanned air vehicles. It is a blended wing-

body configuration having a lambda-wing planform and a swept back leading edge at ɅLE = 53°. 

The leading- and trailing edges of the outboard part of the wing are parallel. This configuration 

can be divided into three sections having different airfoil profiles whose sections are denoted by 

the horizontal dotted lines in Figure 25 on the bottom left. The outer panel is twisted by εt = 5° 

(outwash) in order to delay tip stall and the leading edge radius varies along the span, see Figure 

25 on the top right. The LE at the root (the center line of the entire model) is very sharp but it 

becomes fairly round at the juncture of the tapered and parallel portions of the λ-wing planform. 

The bluntness of the LE gradually decreases towards the tip until it becomes fairly sharp outboard. 

Located on the outer panel, the model has two flaps (inner and outer) located at 68% of the chord 

c
ref

 

δout 

δin 

Figure 25. Geometric parameters and properties of the tested SACCON model 

                [35] 
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normal to the LE as is shown in Figure 25 on the bottom right. For the current set-up, inner flap 

deflections ranging from 0° < δin < +50° in Δδin = 10° increments and outer flap deflection of       

δout = 0° and δout = -5° are attainable using 3D printed parts. CNC cut aluminum flaps of δin = δout 

= 0° and δin = δout = 20° were available as well, whereas those flaps were single pieces. The most 

significant model dimensions are shown in Figure 25 on the top left. The Moment Reference Point 

(MRP) was established by the designer at x/croot = 0.5656 

A 0.7 scale semi-span model was equipped with an array of 5 fluidic actuators which were 

placed on the suction side close to the LE and a larger array containing 26 fluidic actuators was 

located at the trailing edge of the main element. Air flow can be regulated independently for the 

LE actuators and for the actuators located upstream of the flap. All actuators are placed in a way 

that the axis of the jet emanating from their nozzles is perpendicular to the LE and TE of the main 

element, respectively. Variations of spacing, position, and number of operating actuators were 

obtained by blocking of individual actuators with set screws penetrating the supply channel to 

individual actuators. Vacuum grease was used in order to ensure a leak tight sealing around the set 

screws. The compressed air was supplied through the root of the model and the flow rate was 

measured by a flow meter while the supply pressure was measured with a pressure gauge. A hose 

of approximately 3m length was bridging the air from gauges to the root of the model and losses 

in the hose were neglected for further calculations. A zig-zag tape that is traditionally used on 

gliders to trip the boundary layer was taped onto the upper surface of the model close to its LE in 

order to reduce the Reynolds-number dependence at relatively low speeds. Various configurations 

were tested as is shown in Figure 26 (a). The jet exit area for the oscillating jet at LE and TE was 

0.040in x 0.040in. Due to space limitations of the prescribed geometry, the exit nozzle of the 

oscillating jet at the leading edge had to be curved in order to emanate on the upper surface of the 

wing, see Figure 26 (b). Additionally, a subsonic jet located at the LE with an exit area of 0.050in 

x 0.080in was used that was blowing out on the wing lower surface very close to the LE, see Figure 

26 (d). Furthermore, inserts with big openings were used for a preliminary suction study and those 

inserts are shown in the corresponding chapter 3.6.2 The Use of suction. Table 1 shows the 

parameter for each configuration measured (besides suction) and calculated based on 

incompressible flow. Velocities >> 400m/s might not be realistic due to the incompressible 

calculation of the jet exit velocity. Nevertheless, experiments on sweeping jets carried out earlier 

in the AeroLab at the UA showed a good agreement for the jet momentum obtained from 
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incompressible calculations and measured directly for jet exit velocities up to 450m/s. 

Additionally, a mass flow meter that was purchased at the end of this project confirmed the validity 

of Equation (5) to (7) by comparing the actual mass flow with the corrected mass flow as listed in 

Table 1.The deviations were no greater than 3%. The required pressure to achieve a certain volume 

flow or momentum input respectively may have changed over time due to an exchange of one of 

the hoses that was downstream of the pressure gauge. The subsonic jet actuator and suction inserts 

were 3D-printed whereas the sweeping jet actuators for LE and TE were manufactured on a high 

precision CNC machine to accomplish the high surface quality required for proper sweeping 

motion. 

  

a)  Different tested configurations and actuator location distinguished by 

different colors 

d) Subsonic actuator at leading 

edge - side view 

c) Fluidic oscillator at leading 

edge - planar view 

b) Fluidic oscillator at leading 

edge - side view 

TE – Trailing edge 

LE – Leading edge 

SSJ – Subsonic jet 

MRL – Moment reference line 

 

2TE 

4TE 

4TE tip 

13TE 

1LE 

3LE 

5LE 

1SSJ 

 

 

Figure 26. Location of actuators and the different tested configurations 
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2.3. PSP Setup 
 

A 14bit and 2 megapixel (1608 x 1208) Charge-Coupled Device (CCD) camera with 

RGB-chip and optical filter (530FG05-50) was used to acquire the images. The RGB chip uses a 

Bayer color filter pattern, thus the resolution is reduced to 804 x 604 pixel. To stabilize and 

equalize the temperature of the model surface, the wind-tunnel temperature was set to the ambient 

temperature of 72°F and the tunnel was warmed up for >1hour before acquiring data. To reduce 

any error caused by temperature variations the “wind off” images were taken right after those with 

wind on. To illuminate the model, two 4W Ultra-Violet (UV) light sources were used. A four 

channel pulse/delay generator (ISSI PSG-3) was used to trigger the lights and camera. The delay 

time for the camera was set to 40ms to capture images only once the paint was fully excited. The 

exposure time of the camera never exceeded the response time of the paint (300ms) and the camera 

Configuration 

Internal 

Pressure  

[psi] 

 

u∞ [m/s] Cµ [%] 

Mass 

Flow 

[g/s] 

ujet, 

incompressible 

[m/s] 

Flow 

Rate 

[SCFM] 

2TE 
24 30 0.51 1.0 456 1.25 

39 30 1.02 1.5 648 1.50 

4TE 

17 30 0.53 1.5 329 2.00 

23 30 0.76 1.8 396 2.20 

38 30 1.28 2.3 513 2.40 

36.5 30 1.58 2.6 569 2.70 

48 30 2.24 3.1 678 2.90 

4TE tip 38 30 1.28 2.3 513 2.40 

13TE 

10 30 0.52 2.7 182 4.09 

22 30 1.49 4.5 307 5.62 

32 30 2.51 5.9 398 6.44 

46 30 4.40 7.8 527 7.45 

46 60 1.14 7.9 534 7.54 

1LE 50 60 0.10 0.6 570 0.60 

3LE 50 30 1.54 2.2 649 2.05 

5LE 

15 30 0.52 1.7 293 2.30 

23 30 0.79 2.0 360 2.50 

33.5 30 1.51 2.8 499 3.05 

36.5 30 1.72 3.0 531 3.15 

47 30 2.57 3.7 649 3.50 

1SSJ 
30.5 30 1.13 1.7 535 1.93 

32 30 1.18 1.8 623 1.94 

Table 1. Actuation parameters 
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saturation level was kept below 90% to avoid non-linear camera behavior. Any possible errors 

caused by ambient light and camera shot noise were isolated by subtracting dark images from the 

light-on images. Even though force and moment measurements were taken at a free-stream 

velocity of 30m/s, most of the PSP data results were acquired at 60m/s to create larger pressure 

gradients and concomitantly a better signal-to-noise ratio. To diminish the error caused by 

vibration or flexing of the wing, a FFT based cross-correlation was applied to align all images. 

Gaussian and average filters with a filter kernel size of 3 x 3 or 5 x 5 were applied during post 

processing. It was found that the signal-to-noise ratio was minimized by averaging 100 images for 

each condition (Wind on/off, Lights on/off). A factory paint calibration was applied and thereafter 

the data were in situ corrected with a linear regression using eight pressure taps at an angle of 

attack of α = 17°, see Figure 27. The calculated Mean Average Error (MAE) was 57.4 Pascal and 

the accuracy over the dynamic pressure range 97.06%. Furthermore, it was not possible to 

illuminate the entire model at sufficient intensity levels with 2 x UV-lights so that parts of the apex 

are missing in the following PSP images. 

Figure 27. PSP Calibration, u∞ = 60m/s, α = 17° 
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3. Results and Discussion 
 

Experiments were carried out at various speeds. Forces and moments were conducted at 

freestream velocities ranging from 20m/s to 60m/s at corresponding Reynolds numbers (𝑅𝑒 =

𝑈∞ ∙ 𝑐𝑟𝑒𝑓/𝜈) of 400.000 to 1.200.000. However, most balance data was acquired at a freestream 

velocity of 30m/s yielding a Reynolds number of 600.000. PSP data were taken at u∞ = 60m/s in 

order to obtain larger pressure gradients and hence improved signal to noise ratios. Active Flow 

Control in form of sweeping jets or steady subsonic jet was applied to Leading- and 68% of the 

chord where the flap hinges were and referred to as trailing edge location (TE). Additionally, the 

effect of suction was investigated when applied to the LE region. Various flap deflections were 

tested in combination with AFC. Flow visualization via superposed tuft images is provided. The 

influence of the tufts on the balance data was found to be negligible. Main emphasize of this 

framework is on the pitching moment behavior with and without AFC or control surface deflection. 

Thus, rolling and yawing moment will not be discussed in most of the chapters but their behavior 

will be analyzed in individual sections. All moments presented are in airplane coordinate system. 

3.1. Trimming the airplane 

A common approach to control and maneuver an airplane nowadays is by means of linear 

control theory. A different approach is presented herein that provides a mathematical model 

without linearization. This model is based on multivariable calculus and the chain rule can be used 

for derivation. Let us consider the SACCON model and ask ourselves under what conditions it can 

be trimmed for pitch (i.e. CLM = 0) and in addition, over what range of lift coefficients, CL, can a 

neutral point (aerodynamic center) where 
𝑑𝐶𝐿𝑀

𝑑𝐶𝐿
= 0  be maintained. Most wind tunnel test-runs 

vary the incidence, α, of a wing or an airplane model while keeping the rest of the lumped 

parameters (e.g. flap deflections, sweepback angles, or active flow control) constant. Hence one 

may write:  

𝐶𝐿 = 𝐶𝐿(𝛼, 𝛿, µ) & 𝐶𝐿𝑀 = 𝐶𝐿𝑀(𝛼, 𝛿, µ) 

Where: δ represents any variable associated with configuration change that in its simplest 

form represents flap or elevon deflection and µ may represent AFC input in general (e.g. number 

of actuators, their location, momentum input, etc.). The total change of the pitching moment can 

be rewritten as the sum of the change of its partial components: 

(24) 
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The total change of the pitching moment with incidence takes the form: 

 

 

Whereas the total change with respect to lift can be written as: 

𝑑𝐶𝐿𝑀

𝑑𝐶𝐿
=  

𝑑𝐶𝐿𝑀

𝑑𝛼

𝑑𝛼

𝑑𝐶𝐿
 

 

𝑑𝐶𝐿𝑀

𝑑𝐶𝐿
= [

𝜕𝐶𝐿𝑀

𝜕𝛼
+

𝜕𝐶𝐿𝑀

𝜕𝛿

𝑑𝛿

𝑑𝛼
+  

𝜕𝐶𝐿𝑀

𝜕µ

𝑑µ

𝑑𝛼
]

𝑑𝛼

𝑑𝐶𝐿
 

 

Hence we see, that the change of pitching moment with respect to lift is proportional to the 

change of CLM with respect to alpha and a corresponding proportionality factor is: 
𝑑𝛼

𝑑𝐶𝐿
. In order to 

maintain a neutral point while increasing CL, we require the total change of pitching moment dCLM 

to be zero such that  
𝑑𝐶𝐿𝑀

𝑑𝐶𝐿
=  0 or 

𝑑𝐶𝐿𝑀

𝑑𝛼
= 0 respectively. Therefore, if Equation (26), which is a 

necessary condition in order to maintain a neutral point, is set to zero and 
𝜕𝐶𝐿𝑀

𝜕µ
 is factored out 

following expression can be derived:  

 

 

 

              

For equation (29) to be satisfied while 
𝜕𝐶𝐿𝑀

𝜕µ
  ≠ 0 the term in the square bracket has to vanish 

yielding after integration the level of AFC input required to maintain a neutral point on the test 

article:  

 

For δ = constant Equation (30) reduces to: 

𝑑𝐶𝐿𝑀 =
𝜕𝐶𝐿𝑀

𝜕𝛼
𝑑𝛼 +

𝜕𝐶𝐿𝑀

𝜕𝛿
𝑑𝛿 +  

𝜕𝐶𝐿𝑀

𝜕µ
𝑑µ 

 

 

𝑑𝐶𝐿𝑀

𝑑𝛼
=

𝜕𝐶𝐿𝑀

𝜕𝛼
+

𝜕𝐶𝐿𝑀

𝜕𝛿

𝑑𝛿

𝑑𝛼
+  

𝜕𝐶𝐿𝑀

𝜕µ

𝑑µ

𝑑𝛼
 

𝑑𝐶𝐿𝑀

𝑑𝛼
=

𝜕𝐶𝐿𝑀

𝜕µ
[

𝜕𝐶𝐿𝑀
𝜕𝛼

⁄

𝜕𝐶𝐿𝑀
𝜕µ⁄

+

𝜕𝐶𝐿𝑀
𝜕𝛿

⁄

𝜕𝐶𝐿𝑀
𝜕µ⁄

𝑑𝛿

𝑑𝛼
+  

𝑑µ

𝑑𝛼
] = 0 

(25) 

(26) 

(27) 

(28) 

(29) 

(30) µ = − ∫

𝜕𝐶𝐿𝑀
𝜕𝛼

⁄

𝜕𝐶𝐿𝑀
𝜕µ⁄

𝑑𝛼 − ∫

𝜕𝐶𝐿𝑀
𝜕𝛿

⁄

𝜕𝐶𝐿𝑀
𝜕µ⁄

𝑑𝛿
𝛿2

𝛿1

𝛼2

𝛼1

+ µ(𝛼1, 𝛿1) 
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µ = − ∫

𝜕𝐶𝐿𝑀
𝜕𝛼

⁄

𝜕𝐶𝐿𝑀
𝜕µ⁄

𝑑𝛼
𝛼2

𝛼1

+ µ(𝛼1) 

  In the absence of AFC one may attempt to balance the effect of incidence on CLM by 

appropriate flap deflection requiring that:  

𝛿 = − ∫

𝜕𝐶𝐿𝑀
𝜕𝛼

⁄

𝜕𝐶𝐿𝑀
𝜕𝛿⁄

𝑑𝛼
𝛼2

𝛼1

+ 𝛿(𝛼1) 

Hence, Equation 31 calculates the AFC input, µ, required to maintain a neutral point while 

equation 32 provides for the required flap deflection, δ, that is necessary to attain the same goal. 

In addition, if we prescribe that the maintenance of the neutral point is set at CLM = 0, then the 

airplane can be kept trimmed provided the above equations are satisfied. The applicability and 

validation of this trimming model will be presented in the following chapters. 

 

3.2. Baseline observations without AFC 
 

The dependence of lift and pitching moment on incidence is shown in Figure 28. A 

Reynolds-number dependent dip in ∂CL/∂α and CLM was observed between 4° < α < 8° which 

might have been caused by local separation while the full scale, sharp leading edge (SLE) model 

investigated by Vallespin et. al. shows a kink in the CLM curve between 0° < α < 3°, see Figure 28 

(b) & (c). The exact cause for this nonlinearity is still not understood. This research focuses on the 

stability problems and the more pronounced nonlinear CLM behavior corresponding to α > 10° 

where a leading edge vortex forming in the tip region severely affects CLM and ∂CL/∂α of the 

model, as is shown is Figure 28 (b) and (c). The current results are shifted by α = -1° in order to 

be in better agreement with the data reported by Vallespin et. al. [3] for the sharp leading edge 

configuration that applies to the presented model. The increase in ∂CL/∂α is caused by the 

formation of a LE vortex that enlarges the low pressure region resulting in vortex induced lift that 

starts near the tip of the wing. Increasing α further causes the LE vortex to move inboard along the 

leading edge while growing in size and strength. As long as this vortex develops downstream of 

the assigned neutral axis it reduces the pitching moment, (i.e. it generates a nose down moment), 

but as soon as it crosses this axis the effect is reduced. For angles of attack higher than α = 15° the  

vortex no longer propagates upstream but its strength may increase with increasing α until it breaks 

(31) 

(32) 
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down or lifts off from the wing surface. It may be that the discontinuity in the bluntness of the LE 

at the juncture of the tapered part and outer panel that prevents a further upstream movement of 

the vortex for the tested incidences α. Due to the sharp LE in the apex region, another vortex starts 

shedding off resulting in a system of vortices present on the upper wing surface. Figure 29 suggests 

a dual vortex structure where one vortex sheds off in the sharp LE apex region (marked in yellow) 

and the other one at the LE of the swept-back part (marked in red). In between both encircled 

region hardly any spanwise flow can be observed. Looking close at the leading edge, it can be 

assumed that those vortices have not merged yet.  

 

 

 

Figure 28. Reynolds number dependence on lift and pitching moment and the comparison of the pitching 

moment to 2 different SACCON models (RLE and SLE) tested by Valespin et. al. [3] 

           (a) CL vs. α                         (b) ∂CL/∂α vs. α 
 

  c) CLM vs. α 
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Figure 29. Tuft flow visualization for the baseline at α = 13° 
 

 PSP data is in good agreement with tuft flow visualization and shows the development and 

propagation of the LE vortices, as can be seen in Figure 30. Spanwise flow is indicated by tufts 

near the trailing edge of the outboard portion of the λ-wing whenever the wing is lifting. At α ≈ 7° 

the spanwise component of the flow becomes dominant as shown by the region enclosed by the 

yellow curve (Figure 30 (a)). This behavior is expected on lifting swept-back wings, as discussed 

in reference [26]. For α ≥ 15° there may be other factors like the apex vortex contributing to this 

flow and confounding the problem. At α = 7° spanwise flow is also initiated at the very tip of the 

wing near its LE, marked in red in Figure 30 (a). This spanwise flow expands rapidly inboard with 

increasing α, and at α = 11° it extends over ⅔ to ¾ of the LE.  At α = 15° the entire LE is dominated 

by high spanwise and unsteady separated flow whose mean direction near the surface is not only 

outboard but also upstream and it is not possible to distinguish between the individual vortices by 

analyzing the tuft images. The flow over the flap is surprisingly steady as long as α < 15°. The 

independence principle predicts the dominance of spanwise flow near the trailing edge of swept 

back wings. Additionally it seems that for high angles of attack the abrupt change of LE radius has 

also contributed to spanwise flow due to the apex vortex that may have shed over the outer panel. 
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For α ≥ 15° an increased spanwise velocity can be noted along the entire LE, in the juncture 

between the tapered and swept back portion of the wing and on the flap. PSP pressure contours, 

see Figure 30 right, confirm the observations made with tuft images and show the development of 

a vortex which is initiated near the leading edge close to the wing tip at α = 7° and expands inboard 

as described before. At higher incidences, α ≥ 15°, two more vortices emanating from the LE may 

be observed; one in the apex region and the other one near the juncture of the λ on the wing. CFD 

data suggests only one apex vortex that turns in the direction of streaming at the λ juncture and 

proceeds outboard close to the trailing edge of the outboard wing section before being shed into 

the free stream [11]. 

 

Figure 30 (c) & (d) suggest that three vortices are shedding from the leading edge. This 

differs from the observation made by other researches on the SLE SACCON model where only 

two vortex structures were observed. However, to investigate the cause of this phenomena, another 

set of PSP photographs was taken at u∞ = 30m/s and compared to the pitching moment measured 

at each velocity (Figure 31 (a) to (c)). The signal-to-noise ratio decreased with lower velocity, 

nevertheless a different vortex pattern was identified. The additional vortex created at the 

discontinuity of the LE radius at the high Re-number seems to be Re-number dependent, leading 

to the conclusion that if the purpose of the discontinuity is to create and shed another vortex, it 

failed to do so at lower Re. It may also explain the difference between the present results and those 

of Vallespin for 3° < α < 8° as discussed before (Figure 28 (b) & (c)). This also reflects upon the 

pitching moment for the baseline data, see Figure 31 (c).  
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Figure 30. Baselines. Left column: tuft flow visualizations (u∞ = 30m/s) and right column: pressure 

distributions (u∞ = 60m/s) showing the development and propagation of the vortices with change in incidence 

 (a)  α = 7° 
 

 (b)  α = 11° 
 

 (c)  α = 15° 
 

 (d)  α = 17° 
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The abrupt change in the LE thickness of the model may result in the flow at the LE to 

become locally attached at a different range of α than in the apex region. This might have forced 

some of the vortex that was existing near the apex to turn in the direction of streaming. However, 

some part of the apex vortex might have continued along the LE due to the w-velocity component 

that is parallel to the LE close to the stagnation line. Thus the local equilibrium might have been 

disturbed causing another vortex to be shed. It may not be a question of Re-number dependence 

(i.e. ratio between inertia forces to viscous forces) but rather a question of convective distance, 

Figure 31. Comparison of balance and PSP data at different velocities and different momentum input; PSP 

contour lines at α = 17° 

 (a) Baseline u∞ = 60m/s          (b) Baseline u∞ = 30m/s 
 

           (c) Baseline u∞ = 60m/s               
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namely, how much distance the flow covered by the time a new equilibrium condition is reached. 

Nevertheless, Figure 31 (c) shows that the major trends in pitching moment did not change by this 

different vortex shedding nor was the effect of AFC altered. Furthermore it can be seen (Figure 31 

(a) and (b)) that the LE vortices, irrespective of their number, do not merge over the wing surface 

as was suggested in most CFD calculations even when the incidence angle was increased. 

 

 

3.3. Wing Fences 
 

 
 

Figure 32. SACCON equipped with two large fences on the upper surface 

 

The SACCON model was equipped with two large fences on the upper surface as can be 

seen in Figure 32. They were installed at approximately x/c ≈ 15%, reaching the trailing edge but 

not the leading edge. Aligned with the freestream, their height exceeded the boundary thickness 

layer by far. Even though no flow visualization was carried out, it is reasonable to assume that 

spanwise flow that is governing the flow field on the outer panel especially close to the trailing 

edge, as discussed in the previous chapter 3.2 Baseline observations without AFC, was stopped or 

at least reduced. The lift was not affected up to CL ≈ 0.4 but compared to the baseline the lift was 

actually augmented for 0.4 < CL < 0.75 and increased linearly in that range, see Figure 33 (a). 

Reducing the spanwise flow over the flap leads to an increased chordwise flow component 

compared to the baseline and hence the curvature of the streamlines increases and more lift is 
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generated. The additional lift behind the MRP helps in stabilizing the wing by contributing to a 

pitch-down. This can be seen in Figure 33 (b) were the pitching moment coefficient is reduced in 

the range of 5° < α < 15° compared to the baseline. It also seems that the fences help delaying or 

weakening the LE vortex since no strong pitch-down behavior is introduced that is experienced by 

the baseline due to vortex induced lift. This appears to be confirmed by noting that the CL 

dependence on α is more linear in that range of those incidences. For α > 15° the wing starts stalling 

for either configuration and flow separation and/or the LE vortex that starts forming in the tip 

region and propagates upstream with increasing incidence contributing to a strong pitch-up. Figure 

33 (c) shows the gliding ratio and the disadvantage of fences is evident for lower lift coefficient 

values. The gliding ratio is reduced from about L/D ≈ 11 for the baseline to L/D ≈ 10 when fences 

were applied. For CL < 0.4, the spanwise flow is not dominating yet and the fences only contribute 

to a rise in drag. Therefore the aerodynamic efficiency is reduced for cruise flight condition. Only 

for taking-off and landing, where high CL values are needed, the fences are beneficial by stabilizing 

the wing and preventing nonlinearities in the pitching moment at higher incidence α. 
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A smaller fence was applied close to the leading edge that again was aligned with the 

freestream and whose height exceeded the local boundary layer by far as is shown in Figure 34 

top/left. Two different locations were tested: apex region and about mid-span close to the MRP as 

is sketched in Figure 34. Locating the fence in the apex region was an attempt to alter the vortex 

shedding behavior at the sharp LE upstream of the MRP whereas the other location was chosen in 

order to change the LE vortex structure downstream of the MRP.  

Figure 33. The effect of two wing fences applied on the outer panel upper surface 

             (a) CL vs. α                      (b) CLM vs. α  
 

            (a) L/D vs. CL                        
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Forces and moments were barely influenced by applying the fence in the apex region as 

can be seen in Figure 36. Solely the lift showed a slight reduction for CL > 0.6 compared to the 

baseline, see Figure 36 (a), which is best seen in the lifting slope ∂CL/∂α in Figure 36 (b). 

Superimposed tuft images at α = 14° are given in Figure 35 (a). A slight tuft redirection can be 

observed mainly in the apex region upstream of the MRP. It appears that the apex vortex is 

weakened as indicated by slightly reduced spanwise flow upstream of the MRP. The leading edge 

vortex that causes the strong dip in the pitching moment is not altered by applying the fence in the 

apex region. 

Placing the fence at a more outboard location close to the MRP yielded larger differences 

especially in terms of the pitching moment. Looking at Figure 36 (a) and (b) we note a reduction 

of the lift coefficient for CL > 0.6 and the lift slope decrease in the range 11° < α < 17° compared 

to the baseline data. This reduction is caused by delaying and weakening the LE vortex as can be 

deducted from the superimposed tuft images shown in Figure 35 (b). This may have been achieved 

by blocking the spanwise flow right at the leading at about mid-span.  

Figure 34. One small fence applied on the upper surface close to leading edge at two different location 
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Figure 35. Superimposed images of Baseline and one wing fence applied on the upper surface close to the 

leading edge at two different location. Freestream velocity u∞ = 30m/s. Angle of incidence α = 14° 

         (a) Fence in apex region            (b) Fence around mid-span  
 

Figure 36. The effect of one wing fence applied on the upper surface close to the leading edge at two 

different location  

                (a) CL vs. α                               (b) ∂CL vs. ∂α  
 

                (c) CLM vs. α                              (d) ∂CL vs. ∂α  
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3.4. Flap deflection 
 

Measurements were carried out on the baseline configuration for six inboard flap 

deflections: 0° ≤ δin ≤ 50°, two outboard flap deflections: -5° ≤ δout ≤ 0°, at incidence angles ranging 

0° ≤ α ≤ 20°. The lift coefficient increased with increasing flap deflection at a given α, but once 

the flow separation occurred, the flaps became inherently ineffective for α ≥ 20° (Figure 37 (a) 

and ). Deflecting the outer flap upward to δout = -5° had very little effect on the lift. At small inner 

flap deflections δin < 30°, a strong LE vortex is observed around α ≈ 8° that results in an increase 

of the lift slope [
𝜕𝐶𝐿

𝜕𝛼⁄ ]
δ
. This increase depends on flap deflection because the pressure gradient 

at the leading edge decreases with increasing flap deflection as long as the flow is at least partly 

attached to the flap. The increase in slope [
𝜕𝐶𝐿

𝜕𝛼⁄ ]
δ

 decreases with increasing flap deflection, it 

also occurs at higher incidence as may be deduced from Figure 37 (b). Only three values of δ = 0°; 

20° and 40°, are shown in this figure in order to avoid clutter.  

    (a) CL vs. α                                   (b) ∂CL vs. ∂α  
 

Figure 37. Various flap deflections without momentum input; a) lift vs incidence; b) lift slope vs 

incidence for selected cases; c) lift vs pitching moment & d) pitching moment vs incidence 

    (c) CL vs. CLM                                (d) CLM vs. α 
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Figure 38. Lift coefficient deltas (ΔCL) for given incidences and various flap deflections. Baseline with no flap 

deflection subtracted. 

 

The nose-down pitching moment also increased with increasing flap deflection (CLM 

became more negative with increasing δ) as seen in Figure 37 (c) & (d).  For small flap deflections, 

the model cannot be trimmed while maintaining CL > 0.  An inboard flap deflection of 30° is 

required to trim the model up to CL ≈ 0.4. If this aircraft were to cruise at 0.3 < CL < 0.4 the trim 

requirement would result in a loss of efficiency (glide slope L/D) of more than 10% (Figure 39 

(a)). Trimmed flight at CL = 0.7 requires δin ≈ 50° resulting in a concomitant L/D reduction of 

approximately 33%. This penalty in L/D would probably limit this trimming solution to landing 

approach only.  

One may now test the validity of Equation 32 by considering only the inner flap deflection 

that is required to trim the model (i.e. provide CLM = 0). The results of the integration are shown 

in Figure 39 (b), where a specific flap deflection is required for each incidence or CL. Isometric 

plots showing the intersection of a plane defining CLM = 0 with measured flap deflections and 

incidence or CL are given in Figure 39 (c) & (d). Clearly, a flight control computer is required to 

keep these variables in check at different portions of the flight envelope. 
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3.5. Trailing Edge Actuation 
 

Applying actuation over the flap hinge normal to the trailing edge gave best results for all 

different configurations tested within this work. When evenly spaced, the deltas in pitching 

moment compared to the baseline were largest and hence only the evenly spaced configurations 

are shown and compared. 

3.5.1. 13TE evenly spaced 
 

Replacing flap deflections by AFC for trimming purposes should fulfil Equation 31. To 

begin with, every second actuator in the array located above the flap hinge (13TE) was used for 

𝐶𝐿

a)          b)  

c)                d)  

Figure 39. Various flap deflections: a) Baseline L/D; b)  flap deflection required to trim the airplane c) + d) 

Flap deflections required to have CLM = 0 at various incidence angles & CL 
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the range of 0% ≤ Cµ ≤ 4.4%. The effect of AFC on the lift coefficient at a given α became 

significant for 0.3 < CL < 0.7. It clearly delayed the generation of vortex lift at α > 10° because the 

slope [
𝝏𝑪𝑳

𝝏𝜶⁄ ]
𝛅=𝟎°

 increased at much larger α than it did for the baseline configuration and the 

value of that increase was reduced (Figure 40 (a)). At Cµ > 2.5% there was no more increase in the 

lift slope at higher values of α. An aggregate Cµ ≈ 1.75% was able to trim the model up to α ≈ 9° 

but beyond this incidence a substantial increase in Cµ was necessary as can be seen in Figure 40 

(d) and Figure 41. Using a Cµ of 2.5% enabled one to attain trimmed conditions up to CL ≈ 0.62 

something that in the absence of AFC required an inner flap deflection δin = 42° (compare to Figure 

39 (b)). The use of AFC for trimming the airplane in pitch has some aerodynamic advantages 

because L/D actually increases relative to the baseline configuration, see Figure 40 (b). One has to 

remember that only weight tares were used in reducing this data and hence the jet thrust was not 

accounted for. Nevertheless, the gliding ratio when AFC is applied will yield higher values 

compared to the baseline even after thrust correction due to altering the aerodynamic forces. The 

lift is increased and the net drag is reduced due to flow separation control. Hence, the net increase 

in L/D and the trim capability that it provides offer an attractive alternative to continuous control 

surface deflection or wing camber. In order to stay trimmed at a reasonable lift coefficient value 

of CL = 0.2 for cruise, the gliding ratio actually increased by some 40%. The L/D ≈ 20 attained 

with Cµ = 4.40% may seem promising but someone needs to keep in mind, that the SACCON 

wouldn’t be trimmed with this high momentum input at CL = 0.2 and thus there is no advantage of 

such high gliding ratios if static equilibrium is required. 
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The trimming function can be obtained based on Equation 31 equivalent as was done for 

deflecting the inner flap as discussed in the previous section 3.4 Flap deflection. Up to an angle of 

α ≈ 11°, the SACCON can be trimmed in pitch with an almost constant momentum input of no 

greater than Cµ = 2.00%. Due to flow separation AFC becomes inefficient and the required 

momentum input to trim the airplane increases rapidly for α > 11°. An aggregate of Cµ = 4.40% is 

necessary to achieve trim at α ≈ 14.5° requiring a much higher mass flow, see Table 1. The actuator 

location and their orientation may have to change for α > 11° in order to increase their efficiency 

as will be discussed in the following.  

Figure 40. The effects of TE actuation on the gliding ratio and pitching moment for δ = 0° and u∞ = 30m/s 

  a) CL vs. α               b) L/D vs. CL 

     c) CL vs. CLM                d) CLM vs. α 
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Figure 41. Trimming function using 13TE equally spaced and no flap deflection 
 

The present discussion focuses on the incidence angles marked by dashed lines on Figure 

40 (d). Surface flow visualization using superposed tuft images of Baseline and AFC is provided 

in Figure 42 (a) – (d). Green tufts represent the baseline flow whereas the flow altering due to AFC 

is depicted by magenta tufts. Black tufts occur wherever AFC did not change the tuft direction 

compared to the baseline flow. At α = 7° the flow is attached everywhere in absence of AFC as 

indicated by the green and black tufts (Figure 42 a)). Close to the flap trailing edge, spanwise flow 

is encountered for the baseline flow which reduces significantly in the direction normal towards 

the LE. The flow upstream of the actuator array is fully attached and aligned with the freestream.  
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AFC emanating from the nozzles changed the flow direction over the non-deflected flap. 

The row of tufts directly downstream of the actuators showed a change in redirection of some 60° 

as indicated by the angle difference between the green colored tufts (baseline) and the magenta 

colored tufts (AFC) whereas up to 90° flow redirection can be observed for the tuft row closest to 

the TE . The change in the flow direction over the flap resulted in a concomitant reduction of pitch 

by ΔCLM ≈ -0.025 (Figure 40 (d)). At α = 11°, the change in the flow direction over the entire flap 

due to the same AFC input was increased to approximately 90° everywhere resulting in ΔCLM ≈ -

a) α = 7°                     b) α = 11° 

c) α = 15°                     d) α = 17° 

Figure 42. Effect of AFC on flow direction: green tufts represent baseline & magenta tufts Cµ = 2.51% using 

13TE actuators equally spaced 
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0.045. In this case the flow is still steady over the flap suggesting that it is still attached to the 

surface, even though the baseline flow is mostly parallel to the TE. The flow near the LE suggests 

the existence of a LE vortex that spans approximately ½ of the outer wing and joins with the tip 

vortex near the tip. AFC that originated over the flap hinge had a strong effect on the first row of 

tufts upstream of the actuator array but this effect did not reach the LE. The LE vortex that seems 

to have coalesced with the tip vortex appears to have been strengthened by the AFC flow. Unsteady 

tuft motion was observed over the entire outer panel for angles of incidence of α = 15° and higher 

(Figure 42 (c) & (d)). Tufts appear to be blurry and fan shaped suggesting unsteadiness caused by 

flow separation and/or vortical flow introduced by the leading edge vortex that moves farther 

upstream towards the apex. At α = 17°, AFC still manages to redirect the flow over the flap but 

unsteady and spanwise flow can be observed. 

Clearly, AFC has to change the pressure distribution on the model because it alters the 

forces and moments acting on it. Thus the ΔCP contours obtained due to the actuation are most 

informative. These pressure contours are presented in Figure 43 and indicate that the most 

significant change in surface pressure may be attributed to the upstream entrainment created by 

the sweeping jets actuator array. The reduction in pressure that occurs downstream of the MRP 

results in a nose down (stabilizing) pitching moment. Hence energizing the boundary layer and 

reattaching the flow downstream of the actuators increases the high-pressure region near the TE 

and it is deleterious to the control of nose up pitch departure (Figure 43 (c)). The low pressure 

region created upstream of the actuators helps to pull the LE vortex inboard toward the actuators 

and realigning it with the free stream (Figure 43 (c)). As long as the vortex is still small and 

confined to the tip region (far downstream of the MRP or the neutral point), pulling it toward the 

actuator array is beneficial. However, by increasing the angle of incidence, the vortex moves 

upstream along the leading edge and grows in size and strength of its circulation. Severe pitch up 

follows, as soon as the origin of the LE vortex propagates upstream and inboard of the MRP 

(shown as dashed line in Figure 43). The actuators located over the flap hinge are too far from the 

apex of the model to affect the low pressure region that causes the pitch-up. They still lower the 

pressure on some portion of the outer panel, however, beyond the augmented leading edge vortex 

the flow is stalled and the pressure near the tip is increased, leading to lift loss and pitch-up. 
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Figure 43. PSP contour lines at u∞ = 60m/s; 

1st Row: α = 7°; 2nd row: α = 11; 3rd row: α = 15; 4th row: α = 18° 

Left: Baseline; middle: AFC 13TE Cµ = 1.14%; right: ΔCP = AFC minus Baseline 
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Comparing the pressure contour differences images ΔCP (Figure 43 right), it can be seen 

that the pressure decrease due to AFC is highest at an angle of incidence of α = 11° (Figure 43 (c)). 

This is consistent with the balance data as the delta in pitching moment is largest at the same angle 

(compare to Figure 40 (d)). Furthermore, it is observed that AFC is most effective, when it is 

blowing normal to the surface streamlines at α = 11° as shown in the previous tuft images given 

in Figure 42. At higher angle of attack, say α > 15°, the flow separates and the actuators are 

operating in a region of separated flow and that is ineffective. This is confirmed by the PSP contour 

lines as well by balance data where the delta in pitching moment diminishes rapidly for α > 11°. 

 

3.5.2. 4TE and 2TE evenly spaced 
 

For a reduced number of actuators and evenly spaced, all tested configurations followed 

the same trend as was discussed in 3.5.1 13TE evenly spaced. A brief example will be provided in 

this chapter. The increase in lift is coupled to a decrease in pitching moment where both quantities 

seem approximately proportional to (Cµ)1/2. This is a familiar result in all super-circulation cases 

where steady jets emanate from thin slots in two dimensional flow. It is interesting to note that 4 

actuators located over the flap hinge performed as well as 13 located along the same line. The 

velocities calculated assuming that the flow is incompressible are shown in Table 1. For Cµ < 1% 

it is beneficial to use a smaller number of actuators, say 4TE, suggesting that at this level of forcing 

the jet velocity is more significant than the mass flow. A certain threshold has to be surpassed 

(approx.. ujet = 3·u∞ [20]) in order to entrain fluid rather than just displace the streamlines in a 

vertical direction. In the example shown in Figure 44, 4 actuators are as good as 13 up to Cµ ≈ 1%, 

representing major savings in mass flow requirement. At higher Cµ, a larger number of actuators 

is preferred to lower the exit velocity and thus avoid shocks created at the actuators’ exit which 

would increase the loss of momentum, thus reducing the entrainment capabilities of the ensuing 

jets. A momentum input of 1.60% ≤ Cµ ≤ 2.00% using 13TE actuators is able to trim and stabilize 

the SACCON model for 0° ≤ α ≤ 11° whereas a Cµ ≈ 2.00% is required at α = 11°, see Figure 41. 

Using 4 actuators did not enable the airplane to be trimmed in pitch since CLM ≠ 0 within the tested 

momentum input levels but trimming was almost attained. It would require more momentum or a 

greater number of actuators to obtain static equilibrium. 



76 

 

 

 

 

Figure 44. ΔCL and │ΔCLM│ against Cµ at α = 11° 
 

3.6. Leading Edge Actuation 
 

Actuation at the leading edge was performed using sweeping jets, one subsonic steady jet 

or suction. The results using jets for actuation is discussed first and only thereafter a preliminary 

study using suction is provided. In general, all three forms of actuation delay and weaken the 

leading edge vortex. 

 

3.6.1. The Use of jets 
 

Applying actuation at the LE disturbs and weakens the LE vortex. Vortex induced lift is 

reduced and the initial pitch break occurs at higher incidence angles, see Figure 45 (a). This true 

for two forms of actuation: oscillating blowing using sweeping jets on the top surface and steady 

subsonic blowing on the lower surface.  
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Three sweeping jets (see Figure 26 for location of actuators) are most beneficial in reducing 

the spanwise flow caused by the LE vortex in the tip region and in eliminating the slight Re-number 

effect discussed in conjunction with Figure 28 (b) and shown again in Figure 45 (b). Up to α = 13° 

the lift slope ∂CL/∂α is constant whereas ∂CL/∂α for the baseline suffers from a slight dip before 

the LE vortex starts to form around α = 8°. The sudden pitching moment dip is delayed by Δα ≈ 

3° degrees. Looking at Figure 46, it can be seen that downstream of the actuators, the sweeping 

jets manage to change the tuft orientation whereby the actuators closest to the vortex origin and 

core are most effective (at this α the two outboard actuators). The Baseline flow (green tufts) 

indicates a high spanwise flow while most of the tufts are aligned with the free-stream when AFC 

is applied (magenta). Further upstream another vortex being shed from the sharp leading edge in 

the apex region may traverse along the λ juncture of the tapered and swept portion of the wing and 

continues along the trailing edge of the swept-back part. The actuator closest to the root is only 

contributing to a slight redirection of the flow in the juncture and it is questionable if sweeping jet 

actuation in this region is efficient.  

Figure 45. Leading edge actuation using 3LE and 1SSJ at LE 

                                        a) CLM vs. α                                 b) ∂CL/∂α vs. α 

Vortex 

weakening 

Vortex 

delay 
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PSP results obtained with one actuator located slightly upstream of the MRL show that the 

flow emanating from the sweeping jet contributes to a pressure rise on the models surface (Figure 

47). Redirecting the flow and augmenting the normal component of the flow over the wing as 

indicated by the tuft motion in Figure 46 does not contribute to a decrease in pressure. However, 

a slight pressure decrease can be noted outboard of the emanating jet for an angle of attack of α = 

11°. An increase in incidence also increases the deflection of the jet and concomitantly raises the 

pressure on greater portions of the wing as is shown in Figure 47. Balance data for the 

configuration 1LE used to obtain the PSP data shown in Figure 47 is not available. 

 

Figure 47. PSP ΔCP contour lines using 1LE located close to the MRL, Cµ = 0.10%, u∞ = 60m/s 

            a) α = 11°                            b) α = 15° 

Figure 46. 3LE, Cµ = 1.54 %, α = 13°, u∞ = 30m/s 
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Using 5LE actuators verifies the effectiveness of LE actuation in delaying or diminishing 

the occurrence of the LE vortex. Figure 48 (a) shows a delay in vortex induced lift to higher angles 

of attack. This can be seen more clearly in Figure 48 (b). Increasing the momentum input increases 

the angle at which ∂CL/∂α increases from α = 8° for the baseline up to α = 14° for Cµ = 2.57%. 

Hence, the initial pitch down in Figure 48 (c) is delayed respectively. However, delaying the pitch 

down is accompanied by a stronger pitch up behavior which makes the SACCON model even 

more statically unstable. Furthermore, the ΔCLM generated in pitching moment by using sweeping 

jets at the LE is less as compared to the previously discussed TE actuation at equivalent momentum 

input.  

 
 

 

Figure 48. The effects of 5LE actuators for δ = 0° and u∞ = 30m/s 

                            a) CL vs. α                                  b) ∂CL/∂α vs. α 

                                                                        c) CLM vs. α 
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Using a single subsonic jet blowing out from the lower surface very close to the LE and 

located a bit downstream of the wing juncture did not have an effect on the forces and moments 

acting on the wing up to an angle of attack of α = 12° (Figure 45). However, the reduction in CLM 

that characterizes the baseline flow around α = 12° was delayed by some 1° to 2° degrees, thus 

extending the possible flight envelope (Figure 45 (a)). The augmented range of incidence angles 

is achieved without creating any discontinuity in the pitching moment and therefore the AFC 

system can be activated whenever needed without severely changing the trim. Figure 49 illustrates 

that two regions can be distinguished on the outer wing panel demarcated by the blue line. The 

tufts in the tip region and the pitching moment results suggest that the formation of the LE vortex 

is delayed. It does so because the subsonic jet entrains fluid from the LE and pulls it toward the 

lower surface. Thereby the vorticity which is accumulated on the sharp LE in the apex region gets 

sucked toward the lower surface instead of proceeding along the LE, hence weakening the LE 

vortex in the tip region. The section below the blue line shows a reversed trend where magenta 

tufts indicate a stronger spanwise component of velocity when compared to the baseline (green) 

tufts. A possible cause could be the entrainment of the apex vortex away from the trailing edge. 

The spanwise flow gets amplified in the described region due to the sense of rotation of this vortex. 

Figure 49. Flow visualization using tufts for configuration 1SSJ LE, Cµ = 0.87%, u∞ = 30m/s, α = 14° 
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3.6.2. The Use of suction 
 

Not discussed in the section of leading edge actuation was the effect of suction. A brief 

discussion will be presented in this chapter. However, those are only preliminary results that 

provide a first idea and no further investigation has been carried out yet. In order to provide suction, 

the 5LE actuator inserts were replaced with insets containing various slots as shown in Figure 50 

(d). The slots were taped over using kapton tape and only desired slots were kept open. The suction 

was generated using a centrifugal compressor whose suction power was very limited. Also, the 

cross-section of the tubing and plenum was rather small and not designed for actuation via suction 

and hence it was not possible to obtain a uniform suction when slots of two different actuator 

inserts were left open. For the tests carried out only the most effective configuration is shown in 

Figure 50. Counting from the root, the second actuator with one open slot (farthest away for LE) 

was used for suction as is sketched in Figure 50 (d). Figure 50 (a) – (c) shows the effect of suction 

alone, 13TE alone and both combined. Providing weak suction with 0.33psi measured downstream 

of the radial compressor had no effect on the lift coefficient (Figure 50 (a)) and minor effects on 

the pitching moment coefficient at angles of incidence of  9° < α < 14° corresponding to 0.38 < CL 

< 62 (Figure 50 (b) and (c)) where the peak in CLM was reduced slightly. If however suction was 

combined with the configuration 13TE, then the pitch up was delayed by approximately α ≈ 1° 

compared to 13TE actuation only. Even if this change due to suction is not very big, it offers the 

option of increasing the aerodynamic efficiency with minimum effort. If a little separate 

compressor would be used to provide the TE actuators with air, then this compressor needs to suck 

the air from somewhere else. By properly choosing the location of suction at the leading edge, an 

increase in efficiency can be obtained. Furthermore, the location of suction and its strength is by 

far not optimized yet. Additionally, an interaction of LE suction and TE blowing can be seen. 

While suction alone changed the pitching moment in the range of 9° < α < 14° compared to the 

baseline, in the combination of suction and 13TE actuation changes can be noted in the range of 

11° < α < 17°.  
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A superimposed tuft image of 13TE solely and 13TE + suction is shown in Figure 51. 

Introducing suction at the location encircled in blue and indicated by the green color close to the 

zigzag tape, the spanwise flow was reduced downstream of the actuator for 11° < α < 17°. The 

changes in the tuft images are rather small, same as the changes in the forces and moments. 

However, there is potential of better enhancements with a proper system integration and it is 

something that still needs to be investigated more fully. 

                      a) CL vs. α                                                b) CLM vs. α 

                      c) CLM vs. α                                     d) Suction insert and location 

Figure 50. The effect of suction alone and in combination with 13TE. Suction insert used and its location 

shown in d) 
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Figure 51. α = 13°. Superimposed 13TE and 13TE + suction 

 

3.7. Combined TE & LE Actuation 
 

Based on the results obtained for individual actuation at the flap hinge or at leading edge it 

was suggested that a combined actuation could achieve better results. Lowering the pitching 

moment with the TE actuation and delaying the generation of the LE vortex is a promising attempt 

to stabilize the SACCON. Data obtained in the configuration 13TE together with 1SSJ at LE shows 

that the interaction is deleterious even at higher total momentum input and simple superimposition 

ideas do not work. Figure 52 (b) shows that the pitch break occurs already at α = 9° for 13TE + 

1SSJ while it is delayed up to α = 12° when the 13TE actuators were used. Superimposed tuft 

images can be seen in Figure 52 where configuration 13TE is represented in green & 13TE + 1SSJ 

at LE is shown in magenta. Two distinct regions can be observed, similar to 1SSJ at LE only 

(Figure 49). Above the blue line, the formation of the LE vortex at the tip is delayed as indicated 

by the magenta colored tufts. Below the blue line the magenta tufts are oriented more along the 

span than the green tufts. Since the vortex induced lift is weaker due to the LE actuation it results 
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in lift decrease compared to 13TE actuation. The difference in lift coefficient at α = 11° when the 

case “13TE + 1SSJ” is subtracted from the “13TE” one yields a value of  ΔCL = 0.013 which in 

combination with a fairly long lever-arm results in an early pitch up for the combined AFC 

configuration.

 

Figure 53. 13TE (Cµ = 2.51%) (Green) & 13TE (Cµ = 2.51%) + 1SSJ at LE (Cµ = 1.18%) (Magenta), 

u∞ = 30m/s, α = 11° 

      (a) CL vs. α                     (b) CLM vs. α 

Figure 52. Comparison of 13TE (Cµ = 2.51%), 1SSJ LE (Cµ = 1.13%) & both combined 
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The comparison of 5 sweeping jet actuators at LE and 4 at trailing edge with comparable 

momentum input is shown in Figure 54. Configuration 4TE & 4TE + 5LE both show a pitch up 

behavior for α > 10° whereas the highest pitching moment delta is obtained by using trailing edge 

actuation only. The interaction of the sweeping jets at LE and TE is not as deleterious as the 

previous example when one supersonic jet was used. However, the TE actuation by itself yields 

better results than the combination of both. A slight delay in pitch down behavior of approximately 

α = 1° is achieved by introducing the LE actuation but this delay occurs around α ≈ 15°, somewhat 

5° after the first pitch-up. In general it can be stated that the sole use of TE actuation is superior 

for the configurations tested. 

 

 
Figure 54. The effect of combining 5LE + 4TE at comparable momentum input 

 

 

3.8. Comparison of AFC and control surface deflection 
 

Not discussed yet is the effect of AFC on the yawing and rolling moment. The state of the 

art in order to control and maneuver an airplane is to deflect control surfaces and hence alter the 

moments such as yaw, roll, and pitch. This chapter compares the change in yawing and rolling 

moment that is generated when AFC is used or a common control surface deflection. If the 
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moments altered by AFC are of equal order of magnitude as those using i.e. a flap deflection, then 

it can be stated that AFC indeed offers a possible alternative for maneuvering. 

 

3.8.1. Yawing Moment 
 

On tailless aircrafts, spoiler or split flaps are commonly used to generate a sufficient 

yawing moment. Deflecting for i.e. a split flap on one side of the wing causes strong separation 

and imposes a drag differential on both sides. This differences in the drag force together with the 

lever arm creates the required yawing moment. Therefore, the location of such control surfaces is 

as far outboard as possible in order to increase the lever arm.  

Figure 55 shows the comparison of a split flap that was deflected up and down by                

δout = ±30° and located outboard and three different AFC configurations located at the trailing 

edge: 4TE evenly spaced, 4TE concentrated tip, and 13TE evenly spaced. The baseline with non-

deflected flap was subtracted from all test cases in order to provide the delta plots given in Figure 

55. Using the split flap generated an almost constant yawing moment up to α = 6° with a delta of 

ΔCLN ≈ 0.15. Thereafter, the efficiency of the split flap was reduced for higher incidences and for 

α > 10° the control surface becomes ineffective and highly nonlinear in its behavior. This is caused 

by flow separation that governs the outboard panel at intermediate to higher angles of attack. 

Using TE actuation, no matter in which configuration, imposed a change in the yawing 

moment of different sign but most importantly of same order of magnitude as the split flap did. 

Spacing the actuators equally generated a change in the yawing moment that was nearly linearly 

increasing in magnitude in the range 0° ≤ α ≤ 11°. For α > 11° the |ΔCLN| started to decline but in 

a more predictable way compared to the split flap. The same trend was observed when four or 13 

actuators were evenly spaced respectively. When the actuators were concentrated at the tip, i.e. 

4TE tip at Cµ = 1.28%, then the change in yawing moment was nearly constant for 0° ≤ α ≤ 18°. 

This change in |ΔCLN| was smaller compared to the control surface but of same order of magnitude 

and its value can be fine-tuned using a higher momentum input, more actuators or a combination 

of both. Hence, AFC applied close to the trailing edge offers an alternative to common control 

surface deflection that provide yaw. The overall effect may be enhanced by combining each 

method on opposite sides. This can substantially enhance maneuverability. While the split flap 

increases the drag on one side, the actuators are contributing to a drag reduction caused by flow 
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separation control and its jet thrust component. This also explains the sign change as was noted in 

Figure 55. 

 

 
 

Figure 55. Delta yawing moment (subtracting baseline). Comparison of split flap δout = ± 30° and three 

different configurations of TE actuation 

 

 

 

A more detailed analysis of the effect of 13TE actuators equally spaced is presented in Figure 56. 

Increasing the momentum input increases concomitantly the |ΔCLN| whereas the overall trend stays 

essentially the same. With sufficient momentum input, AFC actually becomes more efficient for 

yaw control compared to the split flap since the |ΔCLN| generated by AFC is larger than that for 

the control surface. By simply replacing CLM with ΔCLN in Equation 31, the required momentum 

input that keeps the ΔCLN = constant can be calculated and this is shown in Figure 57. With the 

example of 13TE and an aggregate of Cµ ≤ 4.40%, a constant yawing moment delta of ΔCLN = -

0.0135 can be obtained in the range of 0° ≤ α ≤ 21° if the momentum input is properly adjusted 

accordingly to the change in incidence α. Approximately the same delta can be achieved in a much 

smaller range of only 0° ≤ α ≤ 6° by deflecting the split flap. Moreover, deflecting any kind of 



88 

 

 

 

control surface for yaw control on a tailless wing configuration additionally decreases the 

aerodynamic efficiency by vastly contributing to drag.  

 
Figure 56. Delta yawing moment (subtracting baseline δin = δout = 0° & Cµ = 0.00%). Comparison of split flap 

δout = ± 30° and 13TE actuators equally spaced; freestream velocity u∞ = 30m/s 

 

 Most significantly, yaw can still be provided for α > 10°, where a split flap for example 

fails to generate sufficient yawing moment. Especially for low speed flights like loitering or 

landing this becomes important. Moreover, yaw control only needs to be provided for short times 

unlike pitch control (during entire flight envelope) and therefore high Cµ values are not necessarily 

a limiting factor.  
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Figure 57. Trimming function using 13TE actuators equally spaced in order to maintain a constant yawing 

moment of ΔCLN = -0.0135; freestream velocity u∞ = 30m/s 

 

 

3.8.2. Rolling Moment 
 

In order to assess the effect of AFC on roll, the configuration 13TE evenly spaced was 

compared to a flap deflection of δin = δout = 20°. Figure 58 shows delta plots where the baseline 

with no flap deflection was subtracted from each case respectively. Depicted with black triangles 

is the delta generated by deflecting inner and outer flap to δin = δout = 20°. An almost constant 

rolling moment can be achieved in the range of 0° ≤ α ≤ 10°. For α > 10° it is flow separation that 

causes the delta |ΔCLL| to decline. Once the SACCON is stalled, roll control disappears with it and 

it cannot be provided by flap deflection. 

 AFC however, induces a rolling moment that is of same sign and of same order of 

magnitude as the flap deflection but differs in its dependence on incidence. A fairly small rolling 

moment is created at α = 0° which is lower than that generated by deflecting the flap. Increasing α 

yields an approximately linear increase in |ΔCLL| up to α = 10°-11°. For a momentum input of 

2.50% < Cµ < 4.40%, AFC becomes more efficient than the flap for 7° ≤ α ≤ 14°.  In general, for 

α > 11°, the efficiency of AFC is declining due to flow separation and it becomes inherently 

ineffective for α > 16°. Both, AFC and flap deflection increase the lift on the outer panel thus 

inducing a rolling moment that is of same sign unlike the case for yaw control. Figure 58 suggests 
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that roll control can be provided with AFC only. However, especially for α < 7°, deflecting the 

flap may be superior. Therefore a combined form of control may be favored depending on situation 

where either AFC or control surface deflection is used for maneuvering or a combination of both 

in order to obtain biggest deltas possible. A combination of AFC and flap deflection will be 

discussed in the next chapter. 

 Comparing Figure 56 with Figure 58 we note that the rolling moment CLL is about 3 times 

larger than the yawing moment with the same actuation configuration (13TE) at equal Cµ. This 

imposes difficulties when maneuvering an airplane since the changes in all three moments such as 

pitch (CLM), roll (CLL), and yaw (CLN) cannot be decoupled from each other. It is their simultaneous 

interaction for a given AFC input that needs to be considered. For example, someone may want to 

make a slight banked turn while still remaining trimmed in pitch. However, due to limitations in 

the set-up, it was not possible to resolve and test this problem. 

 
Figure 58. Delta rolling moment (subtracting baseline δin = δout = 0° & Cµ = 0.00%). Comparison of split flap 

δout = ± 30° and 13TE actuators equally spaced; freestream velocity u∞ = 30m/s 
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3.9. Combination of AFC and control surface deflection 
 

 
 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 
Figure 59. The use of 4TE actuators and their trim capabilities at various flap deflections and Cµ. a): 4TE at 

different momentum input and non-deflected flap; b): Trimming function for various flap deflections and 

constant Cµ = 1.57% (4TE) obtained from c): intersection of surface and gray plane at CLM = 0 for trimming 

 

 

A substantial reduction in the number of actuators used for a given Cµ simplifies the 

plumbing needed for AFC application and reduces the mass flow required. One may afford 

therefore an autonomous air supply that could be small enough to be embedded inside a wing. The 

use of four actuators enabled the SACCON to retain a neutral point where (dCLM/dCL) = 0 up to  

α = 9° provided Cµ ≈ 1.5% but the model was not trimmed because CLM ≠ 0, see Figure 59 (a). 

Trimming requirement for a constant Cµ = 1.57% suggested an increase in camber that could be 

      (a) CLM vs. α               (b) δin vs. α for CLM = 0 

        (c) Surface plot: CLM vs. α and δ with Cµ = 1.57%  
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achieved by a small inboard flap deflection of 5° < δin < 10° as seen by the trimming function 

plotted in Figure 59 (b). 

 

 
Figure 60. Two trimming possibilities (maintaining CLM = 0): δ or δ+Cµ using 4TE and 13TE while 

maintaining the MRP at x/c=0.5656 

 

The results shown in Figure 60 & Figure 59 offer two different solutions for trimming the 

SACCON model. Assuming that a trimmed CLM = 0 & CL = 0.2 is the condition required for cruise 

(Figure 60). It may be achieved by inner flap deflection of, δin = 20°, implying that a substantial 

increase in camber is required. It results in L/D reduction of approximately 20% (from 7.5 to 6.2 

see dashed line in Figure 39 (a)). On the other hand, a use of 4TE actuators located near the flap 

hinge and generating a Cµ = 1.57% are able to provide this CL under trimmed conditions in 

conjunction with much smaller flap deflection δin ≈ 7°. The combined AFC & δin deflection 

actually increase the L/D relative to the baseline configuration (e.g. Figure 40 (b) dashed line). If 

the change from cruise to loiter requires an increase in CL from 0.2 to 0.6 allowing for a decrease 

in velocity of √𝟑, it can be easily achieved by introducing AFC without the need to resort to an 



93 

 

 

 

additional control surface deflection (4TE actuators at Cµ = 1.57% & δin = 20°). There are other 

ways of obtaining trimmed conditions at CL = 0.6. One may use either two or 13 actuators with 

both flaps deflected (i.e. δin = δout = 20°) at Cµ = 0.5%. The result is identical to a single flap 

deflection and higher level of AFC. 

If a CL = 0.8 is required for landing approach (i.e. the approach speed is ½ the cruise speed), 

it cannot be attained in absence of AFC. It may be reached by deflecting the inner flap to δin = 50° 

with Cµ = 1.57% or by deflecting both flaps at δin = δout = 20° using only 2TE actuators at an 

aggregate Cµ > 1%. Using a larger number of actuators and higher level of input would only 

improve slightly on this result (Figure 60). In this case the difference in L/D may be less 

significant. However, if CL = 0.6 is required for rotation at takeoff, an inner flap deflection of 40° 

is required during the entire takeoff run. This, in turn will result in slow acceleration and a need 

for a long runway. By relying on AFC, one may perform the takeoff run while maintaining CL = 0 

up to the achievement of the rotation speed. This avoids induced drag that is proportional to CL
2 

thus maximizing the acceleration. At a prescribed speed one may drop the flap to 20° while using 

AFC and attain the required CL as indicated by the bottom red arrow on Figure 60. Such a 

procedure should have decreased the length of the takeoff run substantially while keeping the outer 

flap in reserve. In short, these examples demonstrate the many capabilities that develop whenever 

AFC is integrated with conventional control surfaces. Overall, there is an infinite number of 

possibilities how to trim the airplane in pitch by either changing flap deflection δ or input of AFC 

µ. 

 

3.10. Interaction of AFC and sweepback 
 

Finally, potential interaction between sweepback angles and AFC was briefly investigated 

by replacing the regular flange attaching the semi-span model to the balance with a flange that had 

a 5° slant on it. When the short side of the flange pointed upstream the sweepback angle was 

reduced by 5° relative to the original model’s sweep, and by rotating the flange by 180° so that its 

short side points downstream the sweepback angle of the model was increased providing a total 

change in ΛLE = ±5°. Two foam triangles whose apex angles were only 5° and whose contours 

blended with the model’s contours had to be added to the model thus changing its shape slightly. 

In addition to the change in the sweep, a change in the Aspect Ratio (AR) was obtained due to the 

rotation of the model and the added area. Consequently, this may not be the best way to assess the 
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interaction between AFC and sweepback but it is certainly the simplest. One may improve on this 

by constructing separate models and by changing the direction of the sweeping jets and their 

individual Cµ input, but such a parametric study is beyond the scope of this thesis.  

 

The important parameters of the three planform configurations are tabulated below: 

ΛLE [°] Ʌc/4 [°] Span [m] cref [m] croot [m] Area [m2] AR [-] MRP [-] 

48° 35.77° 0.598 0.295 0.843 0.2156 3.32 0.4515 

53° 43.25° 0.538 0.335 0.743 0.1884 3.08 0.5505 

58° 49.42° 0.552 0.373 0.879 0.2272 2.68 0.5720 
Table 2. Some important parameters associated with the change of sweepback 

 

 

 

 

 

 

 

The neutral point where dCLM/dCL ≈ 0 at low values of CL was chosen as reference because 

it enables one to determine the effects of pressure changes on CLM. The variation of the baseline 

CL and dCL/dα with α for all three sweepback angles are shown in Figure 62. All configurations 

follow the same trend. At low α, the lift slope first increases attaining a peak that depends on Λ 

(see dashed line), it then decreases before increasing significantly around CL ≈ 0.4. The first dip in 

Configuration 

Internal 

Pressure  

[psi] 

 

u∞ [m/s] Cµ [%] 

Mass 

Flow 

[g/s] 

ujet, 

incompressible 

[m/s] 

Flow 

Rate 

[SCFM] 

4TE, ΛLE = 48° 48 30 1.63 2.8 620 2.65 

4TE, ΛLE = 53° 44 30 1.56 2.6 565 2.30 

4TE, ΛLE = 58° 48 30 1.55 2.8 620 2.65 

Table 3. Actuation parameters for all three sweep configuration 

Figure 61. The variable sweep models and the flange 
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dCL/dα was also seen on the simple swept-back wing. It may be associated with the initial 

separation that leads to the creation of the LE vortex. This results in a drop of the negative pressure 

peak prior to the expansion of the bubble (LE vortex) that increases the lift by covering a large 

wing area with reasonably low negative CP. Thus, the strong increase in dCL/dα is attributed to the 

growth of the LE vortex. The vortex strength is increased by increasing Λ and the onset of the 

vortex formation is shifted to lower incidence. Secondary effects such as slightly different AR may 

have influenced the vortex development and its breakdown when ΔΛLE = ±5° (i.e., blue and green 

curves in Figure 62. In general, the onset of the LE vortex shifts to lower α for higher sweepback 

angles.  

 
Figure 62. Baselines for all three configurations 

 

The dependence of corresponding CLM on α for the baseline configuration and actuated 

case is shown in Figure 63 (a). Changing the sweepback did not change the pitching moment up 

to α = 7° in absence of AFC. However, for 8° < α < 12° the wing experiences pitch-up that is 

weakest for the largest Λ. For 13° < α < 16°, dCLM/dα < 0 (i.e., pitch-down) and its severity is 

increased with increasing Λ. It corresponds to the sharp drop in dCL/dα (Figure 62).  

Introduction of AFC from four fluidic oscillators that are evenly spaced over the flap hinge 

provides static stabilization for the model up to α = 9° for the highest sweep and up to α = 11° for 

the lowest one. The center of pressure is changed by applying AFC as can be noted by a change in 

CLM & dCLM/dα compared to the baseline. The reduction of the pitching moment is caused by a 

relatively small increase in lift, ΔCL (not shown here), that is obtained due to actuation that reduced 

the pressure on the upper wing surface behind the baseline neutral point. 
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Figure 63. The effect of sweep Λ on baseline and AFC; free-stream velocity u∞ = 30m/s; δ = 0° 

 

            (a) CLM vs. α      (b) Corresponding trimming function using 4TE 
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4. Conclusion 
 

 It was shown that AFC can substantially improve the longitudinal stability margin of the 

SACCON model and provide control authority that is comparable to conventional control 

surfaces and at times exceeds their performance. Successful implementation of AFC relies on its 

interaction with flow that in turn depends on many aerodynamic parameters introduced during 

preliminary design, so it cannot be considered as an add-on after the other parameters were 

frozen. AFC also contains many parameters (i.e. location, orientation, strength distribution, total 

momentum input etc.) which have to be properly chosen so that an input of O(ε) can provide a 

change in the flow field that is of O(1) above and beyond what the best aerodynamic design can 

supply. Blowing normal to the streamlines that in absence of AFC are oriented mostly parallel to 

the trailing edge seem to be most effective on the SACCON and on other similar wing planforms, 

but further tests need to be carried to validate this result. Decreasing the number of actuators 

while keeping the momentum input constant can yield results that are as good as or even better 

than a vast number of actuators placed along the same line, thus representing major savings in 

mass requirement. This suggests that the jet velocity and hence the capability of flow entrainment 

is more important than the mass flow. Therefore, a small compressor can be used for local air 

supply rather than engine bleed air, facilitating the system integration tremendously. 

Additionally, active flow control enables yaw that is of same order of magnitude but different 

sign compared to a common split flap. Combining each method on opposite sides may increase 

the yaw capabilities for tailless wing configurations greatly. Having authority over pitch, roll and 

yaw suggests that the SACCON could be maneuvered by AFC. 

Future tests should contain oil flow visualization that helps to choose the proper actuator 

location and their orientation so that the required momentum input stays small. Hence, AFC needs 

to be adjusted dynamically with incidence according to the change in the flow field and a model 

with various stacked actuator rows should be built. Additional PSP and balance measurements 

should be carried out in order to quantify the qualitative flow visualization.
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